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1. Introduction 

1.1. Objectives 

The Texas A&M University Sounding Rocketry Team (SRT) is a student-operated multi-disciplinary design 

organization that originated in the Department of Aerospace Engineering in the summer of 2013.  The Sounding 

Rocketry Team has four overarching objectives:  (1) to compete in and win the Intercollegiate Rocket Engineering 

Competition, (2) to develop a connection between academic studies and design challenges through practical 

applications, (3) to enhance interpersonal communication as part of an engineering team, and (4) to prepare students 

in the area of oral presentations and technical reports.  

The primary objective of the Sounding Rocketry Team is to compete in and win the Intercollegiate Rocket 

Engineering Association (IREC), hosted annually by the Experimental Sounding Rocket Association (ESRA) in 

Green River, Utah. Universities across the world participate in this competition, which is divided into two 

categories:  Basic and Advanced. The Sounding Rocketry Team will represent Texas A&M University in this 

competition for the first time by competing in the Basic category. To compete in the Basic category, the rocket must 

reach a minimum of 5,000ft above ground level (AGL) and reach an optimal altitude of precisely 10,000ft AGL 

while carrying a 10-lb removable, recoverable payload. A poster detailing each component of the design must also 

be presented at the competition by the team to a panel of judges. 

One of the most valuable components the Sounding Rocketry Team provides to students is the bridge between 

the classroom and workroom. Through the Sounding Rocketry Team, students have an opportunity to continually 

apply and expand their engineering education through real-world design and fabrication challenges. The Sounding 

Rocketry Team is composed of both undergraduate and graduate student applicants in the Dwight Look College of 

Engineering. This means that on our team, freshmen have the unique opportunity to work on a project alongside 

seniors and graduate students, and students have an opportunity to participate in practical, hands-on applications of 

aerospace engineering before their senior design project.  

Team communication skills are also a priority for all members on the Sounding Rocketry Team. Each of the 

four sub-teams (Propulsion, Structures, Dynamics and Operations, and Electronics and Payload) are structured so 

that a manager oversees the progress of each component of the rocket. Each member is required to effectively 

communicate with other teammates, their manager, and the rest of the team by providing a weekly update and 

presentation of the work accomplished during the previous week as well as goals for the next week. 

The final goal of the Sounding Rocketry Team is to provide an opportunity for students to extensively practice 

their written and oral presentation skills before the beginning of the senior year. As previously mentioned, each team 

is required to present a weekly update to the rest of the team detailing the work they accomplished during the 

previous week as well as goals for the next week. This is beneficial in two manners:  For one, it helps maintain 
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timely communication within the team; for two, it prepares each member for the mid-semester Preliminary Design 

Review and the end-semester Critical Design Review where each member must effectively communicate their 

findings to support their design of their component of the rocket on a public stage. A panel of professors from the 

Aerospace Engineering department and the Tripoli Rocketry Association are anticipated to attend these reviews to 

provide input that will be used to further improve the function of the rocket.  

1.2. Project Structure 

The Sounding Rocketry Team functions similarly to the capstone design courses by following a related two-

semester timeline, with the design phase during the fall academic semester (including a mandatory Preliminary 

Design Review and a Critical Design Review in this phase), and a build and test phase during the spring academic 

semester. The team is organized into four sub-teams:  Propulsion, Dynamics and Operations, Structures and 

Electronics and Payload.  

 

Figure 1-1. Team Structure 

The project is headed by the team director, Stephanie Recchia, who is responsible for faculty communication, 

administrative reports, and overall team management. The graduate student technical advisor, Evan Marcotte, serves 

as a mentor to everyone on the team, including the team director. He was the team director and propulsion manager 

for the Sounding Rocketry Team last year (2013-2014) as well as a lead in his senior design class during the 2013-

2014 school year. The business coordinator was selected with all the other members during the application and 

interview process. His main goal is to act as the professional business administrator to potential sponsors, the 

competition officials, and faculty advisors.  

Team Director 
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E&P Team 

James Pettit 

Thomas Revak 

Andre Ward 

E&P Manager 

Gabriel Aguilar 
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The rest of the team is divided into the four subdivisions listed in Fig. 1.1. The Propulsion team is under the 

management of Jay Hudgins, the Dynamics and Operations team was under the management of Lawrence Chinnery 

for Fall 2014 and will be under the management of Alex Pages for Spring 2015, the Structures team is headed by 

Morgan O’Neil, and the Electronics and Payload team by Gabriel Aguilar. Each team manager, with the exception 

of the business coordinator, was recruited prior to the end of spring 2014. Members were chosen at the beginning of 

the fall semester from around 40 applicants ranging from freshmen to graduate students in both the Aerospace and 

Mechanical Engineering Departments at Texas A&M University. Overall, ten aerospace and seven mechanical 

students were chosen, bringing the total membership of the team to twenty-three individuals (including team 

managers).  

1.3. General Layout 

The intent of the design of the rocket layout was to keep it simple, but also have it do exactly what the design 

requirements demanded. Components include the engine assembly, payload compartment, electronics bay, recovery 

system, body tube, bulkheads, and fin structure. Each of these items is then divided into further analysis and 

development based on its designated team.  

Because of the International Traffic in Arms Regulations (ITAR) restrictions, the rocket will not contain an 

active control system. The engine design of the rocket followed previous years by analyzing and developing a 

hybrid engine. While much more complex than a solid motor, the hybrid structure allows for more points in the 

competition and provides a greater learning experience for the team. To mitigate concerns about building and 

launching an advanced hybrid engine, the team is designing and constructing a test engine to help familiarize and 

expose the members on the Propulsion team with some of the unknowns encountered in the design process and to 

allow for a better prediction of the losses encountered between ideal solutions and reality for construction of the 

main engine.  

The structure of the rocket will consist of body tubes made from carbon fiber wound on a filament winder. The 

only body tube segment that will not be made from carbon fiber is the portion around the electronics bay. To allow 

for electronic signals to be transmitted from the rocket, an easily accessible polycarbonate cover will attach to an 

inner load bearing structure instead.  
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2. Dynamics, Aerodynamics, and Controls 

2.1. Objective 

The objective of the dynamics, aerodynamics, and control work was to design a trajectory simulation for and 

the aerodynamic surfaces of a rocket to achieve the requirements and goals of the IREC competition while reducing 

the required thrust of the rocket. Generally, this calls for minimizing the amount of drag the rocket encounters. The 

competition requires that a rocket brings a 10 lb. payload to 10,000 ft. above ground level – with qualifying altitudes 

being between 5,000 and 12,000 ft. – and that the rocket must be statically stable without the assistance of control 

surfaces. Additionally, the team determined that the rocket must leave the launch rail at 60 ft/s for safe launches, and 

must not exceed a speed of Mach 0.8 at any time during the course of its flight in order to reduce the stress the 

rocket structure will have to sustain. To assist in the design of the rocket, trajectory models were created, analysis 

was performed on possible variations of nose cones, tail cones, and fins, and stability was investigated. 

2.2. Trajectory 

A trajectory model of the rocket was created to assist in evaluating the affects that changes in rocket parameters 

would have on the altitude reached. Since the rocket will be launched at a very small offset angle from the vertical- 

approximately 5°- the rocket model assumes one-dimensional motion. This rocket model was then evaluated using 

scripts written in Matlab to receive our estimates. 

2.2.1. Rocket Modeled Using 1-D Equations of Motion      

Due to the 1-D simplification, the rocket can be modeled fairly 

easily with simply three forces acting upon it: thrust, drag, and 

gravity, shown acting on the rocket in Figure 2.1. Thrust is 

modeled linearly as a function of time, and neglected after burnout. 

Drag is calculated using Eq. (2.1). 

                         𝐷𝑟𝑎𝑔 =
1

2
𝐶𝐷𝜌𝐴𝑣2                              (2.1) 

In this equation, CD is the coefficient of drag, ρ is air density as a 

function of altitude, A is the reference area (which, for our 1-D 

model, is the frontal area of the nose cone), and v is the velocity of 

the rocket. The force of gravity for our model is simply calculated 

by multiplying the mass of our rocket by g, or 32.185 ft/s2, 

assuming constant gravity. This gives a total force equation of: 

 

Figure 2-1. Rocket Free Body Diagram 
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𝐹 = 𝑚𝑎 = (𝑇ℎ𝑟𝑢𝑠𝑡 − 𝑚𝑔 − 
1

2
𝐶𝐷𝜌𝐴𝑣2)                                             (2.2) 

Where m is the mass of the rocket. In the equation, drag is assumed to be a downward force, and as a result the 

model is no longer useful after apogee. This does not provide much of an obstacle, however, as the purpose of the 

model was only to calculate the maximum height reached. Additionally, the rocket’s drogue chute would have 

deployed and rendered the model inaccurate regardless. 

2.2.2. Computer Modeling 

The rocket trajectory was analyzed under two different models. The first model was a series of  Matlab codes 

developed over the course of the previous year and the beginning of the fall semester of this year. It will be 

discussed in more detail in the following subsection. The second model is a program called RockSim 9, developed 

by Apogee Components. This model uses different variations of the Barrowman stability equations, as well as many 

of its own algorithms for determining stability and trajectory. The calculations are based on rocket dimensions, 

inputted atmospheric conditions, starting state, and thrust. The two models were used concurrently; Matlab was the 

primary thrust estimate provider, while RockSim 9 was used to verify the accuracy of the results generated by the 

Matlab code. 

2.2.2.1. Matlab Developed Models 

The most recent computer model of the rocket created in Matlab was constructed based on our 1-D model while 

making several additional key, simplifying approximations: 

 Coefficient of Drag is a constant, fixed value of 0.5 

 An assumed initial weight of 75 lbs. 

 Linear Thrust Curve 

 Maximum mass flow rate of 2.267 lbs. 

 Approximation of air density 

 Burn Time of 12.35 seconds 

The thrust curve for the model is based off the thrust curve of a rocket with a similar level of thrust, a HyperTek M 

Motor.  
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𝑇ℎ𝑟𝑢𝑠𝑡 = 340 − 17.46𝑡                               (2.3) 

 

The coefficient of time in Eq. (2.3) is the approximate slope of the HyperTek M Grain Motor. 

The burn time was acquired as an estimation of the volume of oxidizer the selected oxidizer tank could hold, as 

well as the preliminary guess for the mass flow rate of the engine. The selected oxidizer tank will be discussed in 

detail in the engine portion of this report. 

With those considerations in mind Eq. (2.4) is used in Matlab’s ordinary differential equation solver to find the 

minimum thrust needed to leave the launch rail at our target speed, and the thrust required to reach 10,000 ft above 

ground level without breaking 0.8 Mach.                                 

 

                Figure 2-2. HyperTek M Grain Thrust vs. Time 

 

FIGURE THING 
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�̇� =
1

𝑚
(𝑇ℎ𝑟𝑢𝑠𝑡 − 𝑚𝑔 −

1

2
𝐶𝐷𝜌𝐴𝑣2)                                                (2.4) 

 

As seen from the results, the rocket reached 10,000 ft. without breaking 0.8 Mach. The ISP required to fulfill these 

conditions would be about 240 sec, an accomplishable, albeit difficult task. If the thrust of the rocket were to be ten 

percent less than the required thrust, 340 lbf, the rocket would only reach 7383 ft., losing about 26% of the required 

altitude. 

 

 

     Figure 2-3. Rocket Height vs. Time 

 

       Figure 2-4. Rocket Velocity vs. Time 

 

 

        Table 2-1. Matlab Computer Modeling Input and Results 

Target Height 10,000 ft. AGL 

Rocket Weight 75 lbs. 

Propellant Weight 15.3 lbs. 

Coefficient of Drag 0.5 

Outer Diameter 6.7 in. 

Burn Time 12.35sec 

Rail Exit Velocity 60 ft/s 

Max Allowed Mach 0.8 

Results 

Thrust Maximum 407 lbf 

Minimum Thrust of Rail 320 lbf 

Max Velocity 716.4  ft/s 

Specific Impulse 180 sec 

Total Impulse 2648 lbf-sec 
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2.3. Computational Fluid Dynamics 

To aid in the analysis of the aerodynamic surfaces, we employed the aid of a computational flow dynamics 

program called Star-CCM+. Star-CCM+ is a very detailed, rigorous CFD owned by Steve-Adapco, whom we 

received sponsorship from in the form of free computational hours and licenses. The program was used to analyze 

the flow of air around the rocket for various nose cones, tail cones, and fins, and the results of which are discussed in 

detail in their respective sections. To compare data between the different variations of the rocket, a set of 

standardized testing models and testing conditions were established 

2.3.1.  Standardized Testing Models  

To facilitate comparison of simulation results 

across multiple consoles, tests, and design iterations, a 

table of standardized testing conditions was created and 

adopted. All conditions agreed upon had conditions 

crucial for accurate results specific to the vehicle being 

designed.   

2.3.1.1. Physics Models 

Within the program, several options are available for customizing the physical assumptions that will be 

made during each flow simulation. Based on recommendations from Star-CCM+ tutorials on the ideal conditions for 

properly modeling subsonic flow, the following physics models were chosen: steady flow, ideal gas, coupled flow, 

and SST K-Omega turbulence. Additionally, a roughness of 10 µm was added to the surface of the rocket in order to 

somewhat account for the roughness of carbon fiber, which will compose the majority of the rocket’s body. While 

this is not an exact value for what the roughness of the rocket will be, it was an approximation that was made so that 

roughness would be at least somewhat accounted for, and so that it would be standardized throughout all of the tests. 

2.3.1.2. Meshing Models  

The most important part of developing the meshing standard that has been used for all flow simulations so 

far was ensuring that the mesh would be fine enough to capture all of the turbulent aspects of the flow around the 

rocket so that accurate values for drag and coefficient of drag could be determined. This required extensive trial and 

error, as well as delving into the Star-CCM+ literature to find information on the ideal mesh settings for the flight 

conditions that were being tested. Once a set of mesh options was found that provided values which closely matched 

known values, those settings were used for all fin, nose cone, and tail cone simulations. One step that was found to 

be absolutely key in obtaining accurate values was creating a refined mesh in the area of the flow directly 

surrounding the rocket, and an even further refined set of prism layers along the surface of the rocket itself. 

Table 2-2. Standardized CFD Conditions 

Standardized CFD Conditions 

Velocity 0.8 Mach 

Altitude  3280 ft. (1000 m) 

Pressure  Standard Atmosphere  

Density  Standard Atmosphere  

Skin Roughness y+ 3.937x10-4 in.  (10 µm ) 

 



 

9 

 

 

 

2.4. Wind Tunnel Testing 

To fully verify the rocket design, the team conducted a wind tunnel test at the Texas A&M University Oran 

W. Nicks Low-Speed Wind Tunnel (TAMU LSWT). Despite the being unable to test to the maximum Reynold’s 

Number projected to be attained by the full scale rocket, certain aspects of the rocket trajectory were within the 

capabilities of the tunnel, specifically the moment when the rocket is no longer influenced by the guide rail during 

lift-off. In addition to verifying the overall design, an additional goal was to verify tail cone effectiveness trends 

initially determined by CFD modeling. 

2.4.1. Wind Tunnel Model  

The wind tunnel model was a 59.70% scaled of the full scale rocket. At the time of the test, that 

corresponded to a model diameter of 4 inches and a length of 71.62 inches. The nosecone, fins, and tail cone were 

constructed from multi-piece 3D-printed 

ABS and PLA. The airframe of the 

model was aluminum and all screw 

holes and joints were covered with 

aluminum tape to minimize tripping of 

the flow during the test. 

 

2.4.2. Testing Matrix 

In order to test at the TAMU LSWT, a matrix with specified parameters was required.  In order to verify 

the rocket design, some of the parameters that had to be specified were the set of pitch (θ) and yaw (ψ) angles as 

well as the dynamic pressures (Q).  Two tests were run: one where the tail cone was not attached and one where the 

tail cone was attached.  For both, the pitch angle varied from -10° to 10°, incrementing every one degree.  The yaw 

angle was varied from -10° to 10°, incrementing every five degrees and only after the pitch angle had gone through 

its full spectrum.  This was done for each of the Q values, where the yaw angle would be held at one of its iterations 

and the pitch angle would cycle through all of its angles.  A total number of four Q’s were specified for the LSWT 

 

Figure 2-6 LSWT Flow Visualization - Tail Cone and Fins 

 

Figure 2-5 Wind Tunnel Model 
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test; 4.261, 15.65, 59.92, and 92.79 lbs/ft2.  For the test with the tail cone attached, only three of the Q’s were used.  

This was mostly due to the fact that all four would have produced extraneous data.  The Q’s used were the first, 

second and fourth as these contained the maximum Q that the LWST could reach as well as the Q’s that the rocket 

would experience on the rail during lift-off.  Once the key testing was completed, a flow visualization test was 

performed, in order to see the flow over the fins and tail cone.  One can see how the flow was affected by the fins 

and tail cone in the images below. 

 

2.4.3. Overall Results 

Following the conclusion of the tests, the data that 

had been gathered was analyzed via a Matlab script.  This 

specific script was written such that the data would be 

automatically collected and then plotted said data.  One of 

the key concepts that went into data analysis was the scaling 

between the full size and the wind tunnel model (WTM). 

Using the full scale dimensions for the rocket and 

atmospheric conditions in Utah around the time of the 

competition, a Reynolds number of approximately 

5𝑥107was found.  This value was then used, in conjunction 

with the scaled down length and atmospheric conditions in 

Texas for the LSWT, to find a scaled velocity that would be 

needed for the WTM to “fly” in order to have a matching 

Reynolds number.  As previously mentioned, the tests at the 

LSWT could not reach the maximum Reynolds number that was calculated.  However, the Reynolds number related 

to off-the-rail velocity was within the ranges that the LSWT could reach, and used as a verification standard between 

the full scale and the WTM. 

 

Figure 2-7 LSWT Flow Visualization - Full 

 

 

Figure 2-8 Wind Tunnel Cd Tail Cone q = 15.7  
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Figure 2-8 Wind Tunnel Cd Tail Cone shows the Cd of the rocket model with the tail cone attached at 

varying pitch and yaw angles according to the testing matrix. At 15.7 psf, the equivalent dynamic pressure when the 

rocket leaves the rail full scale, the general drag bucket trend is visible.  

2.5. Nose Cone Design 

At the beginning of the semester, the Sounding Rocketry Team decided to launch the rocket at subsonic speeds 

in order to avoid potential Mach shockwaves that could damage the rocket.  Given this, Dynamics and Operations 

(D/O) began to look for nose cone shapes that would minimize drag for the rocket while it was travelling at subsonic 

speeds.  For this specific regime, the main contributors to drag would be the skin-friction drag and the pressure drag.  

As such a nose cone that minimized the surface area was desired in order to minimize the skin-friction drag.  

Preliminary investigation13 indicated the Ellipsoid/Elliptical nose cone would be the best choice on account of its 

blunt apex and smooth transition to the body tube.  However, further investigation was conducted to look for other 

potential candidates that were optimal at subsonic and low-end transonic speeds.  Other nose cones that were looked 

at included the Half-Power, Stand-Off Spike and Von Kármán.  The Stand-Off Spike was eliminated due to the fact 

it was deemed too difficult to build and may not have been best for subsonic speeds.  The Elliptical and Half-Power 

were the final candidates after the Von Kármán had been eliminated due to the fact that it was meant for higher-end 

transonic and supersonic speeds.  Simulations were run in order to determine which of the two had the least drag 

2.5.1. Half-power Nose Cones 

Investigations into an optimal nose cone that minimized the drag eventually yielded the National Advisory 

Committee for Aeronautics (NACA) Research Memorandum (RM) L53K1710, a document which discussed the drag 

effects on various nose cones.  The paper examined eight specific nose shapes (Cone, Von Kármán, x1/2, x3/4, 

Parabola, ¾ Parabola, ½ Parabola and L-V Haack) over a set of Mach numbers ranging from 0.8 to 2.0.  While this 

range was transonic, the graphs in the report showed how the drag coefficient was developed over the Mach 

numbers.  The graph below illustrates how the Half-Power (x1/2) remained below a specific drag coefficient value 

(marked by the “red-line”). 

 

 

            Figure 2-9. NACA RM L53K1710 Mach vs. Drag Coef. for Cone, x3/4, x1/2 
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The red-line was at Cd = 0.1 while the “green-line” was drawn simply to indicate where the Transonic region 

ended. The NACA report stated that the lowest drag producing nose cone shapes were the Half-Power and the Von 

Kármán.  Of these two, the Half-Power was selected for its slow drag rise at the higher end of the subsonic regime 

(M = 0.8).  This was due in part to its blunter nose shape, while comparatively; the Von Kármán had a more pointed 

nose profile.  Further support for this choice was the fact that investigations led to the concept that blunt nose cones 

were better than pointed nose cones for subsonic speeds12.  This follows common convention for nose cone 

selection.  The equation for the Half-Power can be seen below with a profile of the nose cone. 

𝑦 = 𝑅√
𝑥

𝐿
  (2.5) 

 

In the above equation, the outer-radius of the rocket was represented as the capital “R,” while the length of the 

nose cone was represented as a capital “L.”  The “x” represented distance along the x-axis.  In a paper published by 

a Danish amateur rocketeer, “Nose Cone Drag Study for the SStS Rocket,”11, the Half-Power nose cone was shown 

to have had a lower drag coefficient than the Elliptical. This can be seen in the following excerpt of the graph where 

the data was presented.  It should be noted that the graph section depicted below was looking at nose cones with a 

Fineness Ratio of 5:1 and the main source of drag in their tests was wave drag. 

 

 

Figure 2-10. Half-Power Profile 

 

 

   Figure 2-11. SStS Mach Number vs. Drag Coef.11 
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As one can see, the Elliptical (Ellipsoid) increases in Cd much more quickly than the Half-Power at roughly M 

= 0.5.    The Half-Power stays close to zero (or negligible readings) until almost Mach 1.0.  From there, the Half-

Power increases drastically in drag coefficient (along with the other listed nose cones).  Though difficult to see, the 

Half-Power increased much more slowly than the Parabolic, Tangent Ogive, Cone and 0.75-Power nose cones.  

With this information, simulations were conducted in order to determine which of the two nose cone shapes (Half-

Power or Elliptical) was the best. 

2.4.1.2  Half-Power Simulation  

Preliminary simulations were run 

with SolidWorks Flow Simulation, which 

yielded poor results.  The test conditions 

used in SolidWorks were similar to those 

mentioned in Section 2.3., but differed in 

the fact that the pressure was standard-sea 

level, velocity was Mach 0.75 and there 

was no roughness.  The graph below 

showed that for increasing Fineness Ratio, 

the drag coefficient was decreasing, 

which seemed counterintuitive given that 

an increasing Fineness Ratio would 

increase the drag13. 

During the design process, simulations 

were run with STAR-CCM+.  The 

simulations with STAR-CCM+ allowed for greater accuracy determining the drag coefficient for the nose cones.  

Each test was run with the same physics condition and the similar mesh continua with the simulations running at 

Mach 0.8, as seen in the table in Section 2.3.1.  Further information on the mesh continua and physics conditions can 

be found in the subsequent sections to 2.3.1.  A key reason for changing mesh continua was due to the fact that the 

fineness ratio was being varied for both nose cones.  Due to limited documentation that specified an optimal length 

for the nose cone, the fineness ratio was left variable in order to determine a ratio that produced the least amount of 

drag.  Because the fineness ratio affected the 

length of the nose cone, it also affected the 

drag that the nose cone would experience.  

For the simulations, the fineness ratio was 

varied from 1:1 to 4:1 due to the fact that any 

fineness ratio larger than 4:1 did not help in 

 

Figure 2.8. SolidWorks Data - Half-Power Fineness Ratio vs. 

Drag Coef. (w/Variable Diameter) 
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Figure 2.9. Half-Power Results (Fineness Ratio vs. Cd) 
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decreasing drag11. Thus the simulations would help in determining how long the nose cone should be.   

The outer diameter of the rocket had been previously determined given the estimated diameter of the oxidizer tank, 

with the result being 6.7 in.  This diameter was used for all nose cone models during simulation.  Eqn. 2.4.1.1 was 

used to create the model of the nose cone, with a 4 ft. (48 in.) body-tube added in order to have minimal body-tube 

effects in the simulation.  The data revealed that as the fineness ratio increased, the drag coefficient initially 

decreased before increasing, at a fineness ratio greater than 3:1.  This corroborated with an increase in skin-friction 

drag over the surface of the rocket as the nose cone increased in length.  The following table and graph show the 

results of the simulation. 

As can be seen in Table 2-3. Half-Power Simulation 

Results, at FR = 3, the Half-Power had the lowest Cd.  From the 

data found from the simulations, the information from Danish 

amateur rocketeer’s paper was verified to some extent.  The final 

image below shows Fineness ratios from 1 to 4 for the simulations 

as well as the scale of the Mach speed. The final image below 

shows the effects of the flow around the nose cones for all 

variations of fineness ratio.  One can see that as the nose cone 

increased, regions that once reached Mach 1 began to decrease in 

size.  

 

 

Figure 2.10. Nose Cone Scene w/Fineness Ratios 

        Table 2-3. Half-Power Simulation Results 

FR Cd 

1 0.369806 

2 0.350057 

3 0.34556 

4 0.354513 
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2.5.2. Elliptical Nose Cones 

An initial report by Gary Stoick13, president of the 45th prefecture of the Tripoli Rocketry Association, 

suggested that the ideal nose cone for subsonic flight is an elliptical shape. This is because at speeds under Mach 1, 

the pressure drag on the nose cone is minimal and not yet the primary contribution to drag. Most of the drag in this 

speed regime comes from the skin friction drag, where sharp changes in the surface, and area of the surface become 

the primary contributors to drag. Also in this speed regime, wave, induced, and interference drag are non-existent. 

The elliptical shape is then considered optimal because of the less abrupt changes about its conical form as opposed 

to the sharper tip of the Von-Karman and other nose cones used in supersonic flight. The sharper forms of the other 

documented nose cones, as mentioned in section 2.4, create harsh variation in the subsonic airflow and therefore 

create more drag. The elliptical nose cone’s wetted surface area is also small compared to the other nose cones. The 

wetted surface area is the area of the nose cone that is exposed to the airflow. Therefore when this area is minimized, 

there is less contact between the air molecules and the surface of the nose cone, hence less skin friction drag. 

The elliptical nose cone is created from the equation:  

 𝑦 = 𝑅√1 −  
𝑥2

𝐿2  (2.6) 

Where R and L are the nose cone base radius and length respectively. 

It creates the 2-Dimensional form:  

 

 

2.5.2.1. CFD Analysis 

Preliminary analysis was performed with the SolidWorks Flow Simulation software. Tests were performed 

with standard sea level pressure and Mach 0.75 with conditions similar to the standard testing conditions mentioned 

in section 2.3.1., excluding the roughness of the nose cone. Results are summarized in the plot below: 

 

Figure 2-12: Elliptical Nose Cone 
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The drag coefficients decreased as the fineness ratio increased which disagrees with documentation by the 

University Sans Malaysia14, which stated that the drag coefficient would eventually start to increase after a fineness 

ratio of around 2. This is because of the increasing wetted surface area, which increases the skin friction drag as 

explained in section 2.4. 

Much deeper analysis was then performed with STAR-CCM+. Described in Section 2.3, all physics 

parameters were kept constant throughout the tests so that an accurate comparison could be made between the nose 

cones. The testing parameters are specified in section 2.3.1.3. The meshing conditions varied slightly as the surface 

area increased as described in section 2.1.3.2. The elliptical nose cone was tested, varying the fineness ratio from 1 

to 4. The diameter of the base of the nose cone was kept at a constant of 6.7 in. Drag coefficient data was plotted for 

each iteration of the test and when a converged value was reached, that value was recorded and plotted along with 

the other fineness ratios.  

The relationship between fineness ratio and drag coefficient was also a major consideration when selecting 

a nose cone. The simulation data for the elliptical nose cone revealed that the drag coefficient initially decreased as 

fineness ratio increased, until a ratio of about 3. The drag coefficient then began to rise as the fineness ratio 

increased past 3. This trend directly represented the previously mentioned documentation. The reason for this trend 

is because at subsonic speeds, skin friction drag becomes the main contributor to drag. Therefore, the larger the 

surface area, the higher the total drag. This becomes apparent at a fineness ratio of about 3 and beyond. The initial 

drop in drag is due to the abrupt change in the geometry of the nose cone for low fineness ratios. This is discussed in 

more detail further on. 

 

Figure 2-13: SolidWorks Data Summary 
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Plotted below is the STAR-CCM+ flow simulation data: 

 

The actual drag coefficient values from simulation are tabulated below:  

  

The images below display the effects that the fineness ratio has on the speed of the airflow across the 

surface of the rocket: 

 

Figure 2-14: Fineness Ratio vs. Drag Coefficient 
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Table 2-4: Fineness Ratio vs. Drag Coefficient 

Fineness Ratio CD 

1 0.352041 

2 0.350526 

3 0.348624 

4 0.3533  

 

 

Figure 2-15: Mach Number on Elliptical Nose Cone 
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Mach number is increased dramatically around the transition area from the nose cone to the rocket body on 

the lower fineness ratios. This is an effect of the more abrupt change of the rocket shape due to the stubbiness of the 

smaller fineness ratios. When airflow is modified less rapidly, the flow is steadier and less turbulent leading to a 

smaller amount of separation, if any at all. This is one of the reasons that the lower fineness ratios aren’t producing 

the lowest drag forces. 

 

2.5.3. Conclusion 

After all the considered nose cones had been tested, the results of each test were compared. The variation of 

the fineness ratio resulted in similar trends related to the drag coefficient produced by both nose cones. The Half-

Power nose cone produced the lowest drag coefficient out of all the simulations that were run, with the lowest Cd 

being found at fineness ratio 3:1. A key achievement was the fact that the data found from the simulations 

corroborated with information found in the paper, “Nose Cone Drag Study for the SStS Rocket,”11. As the fineness 

ratio increased past 3:1, the drag coefficients began to increase. This can be seen in the figure below.  Given this 

information, the Half-Power nose cone generated was selected to be the nose cone used in the final rocket design. 

While the results for lowest Cd were found at fineness ratio 3:1, further testing will be conducted to find an idealized 

fineness ratio in order to produce the lowest drag coefficient possible. This number was found by using a least-

squares fit and finding the roots of the quadratic equation that was generated.   

 

 

 

Figure 2-16: Comparison of Elliptical and Half-Power Data 
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2.6. Tail Cone Design 

A tail cone is an addition to the base of the rocket with the specific goal of reducing the base drag the 

rocket experiences during flight. In general, tail cones are not practical or necessary; tail cones are only beneficial 

for coast phases of a rocket ascent. While a rocket is under power of the motor, the exhaust leaving the nozzle serves 

to break the vortex attempting to form behind the rocket. The tail cone functions to minimize this vortex once 

burnout of the rocket has occurred. Also, with speeds exceeding Mach 1, information gathered suggests the 

magnitude of the base drag reduction decreases, discounting the benefits of incorporating a tail cone into the design 

of the rocket. However, for limited applications (with parameters being flow speed below Mach 1 and general 

sounding rocket dimensions, and mostly vertical flight) the tail cone benefits are greatly magnified. According to a 

document published by the Military Technical College in Cairo, Egypt, base drag contributes 35-50% of the total 

drag during the early stages of the coast phases of a projectile7. Referencing the same document, the inclusion of a 

boattail (fins attached to transitioning geometry) or tail cone has the capability of reducing the coefficient of drag of 

the projectile by nearly 60% during the coast phase of the rockets ascent. After concluding preliminary analysis, it 

was decided that incorporating a tail cone into the final design merited further investigation and CFD analysis.  

2.6.1. Geometry 

There are several valid geometries for tail cones. Very loosely, most nose cone candidates are valid tail cone 

candidates as well with minimal modification.  However, published information suggested that a conical geometry 

tail cone produced the lowest C as compared to geometries such as the tangent ogive and the ellipsoid7.  Accepting 

those results, as well as considering the ease of manufacturing, and accounting for limited amount of time to 

complete CFD analysis and verification, a targeted analysis of the conical geometry was decided to be the best 

course of action. 

2.6.1.1. Conical Tail Cone 

The conical tail cone was initially designed under the following 

parameters:  

 Minimum cone diameter would be fixed based on the 

diameter of the engine exit nozzle 

 Maximum diameter would be fixed based on the outer 

diameter of the rocket body 

These parameters set the basis for the initial CFD testing conditions and determination of initial design 

requirements. This configuration was also used in the wind tunnel model. 

As the design process continued, the parameters evolved to the following: 

Figure 2-17. Tail cone  
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 The bottom of the tail cone will be flush with the nozzle 

 Lower constraint diameter is fixed by the diameter of the combustion chamber  

o The inner wall (dependent on the thickness) would be used to calculate lower diameter 

constraint  

 Maximum diameter would be fixed based on the outer diameter of the rocket body 

These parameters set the basis for the final design and were used to determine the full scale tail cone.  

2.6.2. Computational Flow Dynamics: Tail cone 

The computational flow dynamics analysis conducted on the tail cone resembled the analysis done on the 

nosecones discussed in the previous section. The main goal of this analysis was to determine a trend rather than to 

identify actual Cd values. Once the trends were analyzed, the experiments were expanded to identify a range of 

viable parameters for reference by other sub-teams when deciding on the final design.    

2.6.2.1.   Testing Methodology 

To best determine a trend, four variations of the conical tail cone design were initially tested under the 

standardized condition discussed in the previous section. The units for length were decided to be in calibers. 

Calibers is a dynamic unit where each caliber is the diameter of the rocket body. By using this dynamic unit, results 

could be scaled easily. The minimum and maximum tail cone diameters were held as fixed parameters across all 

tests while the length of the tail cone was varied in half caliber increments from .5 calibers to 2 calibers. Each tail 

cone was attached to a four-foot rocket body and nosecone of 6.7 in. in diameter. This was done so as to achieve a 

realistic flow and allowed for a better translation of the CFD results to the actual design. For a control test, the 

rocket body was simulated without a tail cone. The initial trend verification consisted of 5 simulations conducted in 

Star-CCM+.  

To verify an optimal length had been determined, two simulations were conducted at a 16 degree tail cone taper 

angle with one at a 1 caliber length and the other at a 1.5 caliber length.  

Once the optimal length of the tail cone was determined and verified from the previous trend analysis, a new 

round of simulations were conducted to determine the trend for the variation of the tail cone taper angle. Simulations 

were conducted varying the taper angle from 8 degrees to 18 degrees in increments of two degrees. Previous 

simulation data with testing model geometries falling within the taper angle experimental range were used in 

conjunction with new data.  

2.6.2.2.   Simulation Results 

The results of the length simulations are shown in Table 2-5. Tail Cone Length Results. These simulation data 

points were very close to the results stated by specific information gathered prior to the simulations. Because of that, 

the trend shown in Figure 2-18. Tail Cone Length Trend was deemed valid and was used to make further decisions 



 

21 

 

 

 

regarding the final design. It is important to note that the actual coefficient of drag values listed were used solely for 

the purpose of identifying a trend.  

 

 

The results of the taper angle simulations are shown in Figure 2-19 Tail Cone Taper Angle. The taper angle 

trend discussed here is under the assumption that 1.25 calibers is the ideal length. It is important to note that the 

variation did not change the cd as drastically as the length variation trend discussed earlier in the section. As the 

taper angle increased from 8 degrees to about 14.5 degrees, the coefficient of drag decreased to its lowest point of all 

tests conducted. The lowest value matched the lowest interpolated value of the length trend analysis. After about 

14.5 degrees, the Cd increased slowly to the end of the test range at 18 degrees. In addition to variation of taper 

angles, two tests were conducted at a taper angle of 16 degrees; one at 1 caliber in length and another at 1.5 caliber 

in length. The results of this test confirmed the ideal length was indeed very close to 1.25 calibers. Also, this test 
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Figure 2-18. Tail Cone Length Trend 

 

 

Figure 2-19 Tail Cone Taper Angle 
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Table 2-5. Tail Cone Length Results 

 Cd 

Reduction 

Cd 

No Tail N/A 0.28977 

.5 Caliber 30% 0.202913 

1 Caliber 61% 0.113309 

1.5 Caliber 64% 0.105016 

2 Caliber 63% 0.107139 
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brought about the possibility of an optimal angle for each length. Because the purpose of this project was to develop 

trends for tail cone variations and not necessarily determine an ideal angle-length combination, this was the end of 

the trend analysis conducted.  

2.6.2.3. Results Discussion  

As stated earlier, the main goal of the CFD analysis for the tail cone was to identify a trend in the coefficient of 

drag values with respect to the length (measured in calibers from the base of the rocket) and taper angle of the tail 

cone. From Figure 2-18. Tail Cone Length Trend, the overall length trend can be divided into two distinct 

tendencies.  

The first distinct trend 

is that the coefficient of drag 

of the rocket body decreases 

as the length of the tail cone 

approaches 1.25 calibers. 

This trend was similar to the 

one discusses in a document 

published by the Military 

Technical College in Cairo, 

Egypt.7 The trend is 

characteristic of pressure 

drag minimization. The 

addition of the tail cone and subsequent increase in the tail cone length reduces the stagnation point behind the 

rocket, causing the pressure drag experienced by the rocket to decrease. The vortex at the base of the rocket is 

weakened, consequently decreasing the base drag. The results from the CFD simulations clearly illustrate this effect. 

Figure 2-20. Direct Mach Scalar Scene Comparison shows scalar scenes as the length of the tail cone is increased. 

The reduction in the size of the stagnated region behind the rocket body is visible and corroborates with the trend in 

the results of the CFD.  

The second length trend begins after 1.25 calibers, where the coefficient of the rocket body begins to slowly 

increase. This is attributed to the increase in surface friction drag. As the tail cone length increases, the surface area 

of the tail cone also increases, thereby increasing the skin friction drag. At greater calibers of length, skin friction 

drag becomes much more pronounced.  

With respect to the tail cone taper angle, Figure 2-19 Tail Cone Taper Angle shows the determined trend. 

While there is not a dramatic change in cd values with the variation in taper angles, the change was not something 

that could be ignored. As the taper angle increases from 8 to about 14.5 degrees, the stagnation point at the end of 

Figure 2-20. Direct Mach Scalar Scene Comparison 
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the tail cone is decreased resulting in lower drag. However, once the taper angle increases beyond 14.5 degrees, it is 

likely that the transition between the airframe and the tail cone becomes drastic enough to cause the separation of 

flow at that point.  

2.6.3. Wind Tunnel Results: Tail Cone 

As discussed earlier, the wind tunnel test 

was conducted at significantly slower velocities 

than simulated velocity used as a standard in the 

CFD analysis. However, resources suggested that 

the coefficient of drag does not change 

significantly until Mach 1 is achieved. Therefore, 

the team was confident that the results of the CFD 

simulations would be very close to the results of 

wind tunnel test. One assumption that was made 

to relate the results of the CFD and wind tunnel 

test was that cd reduction varied linearly with 

scale.  

Additionally, the tail cone tested was not 

at the ideal length determined by CFD 

simulations. Instead of the ideal length of 1.25 calibers, a length of approximately .8 calibers was used so as to fit on 

the wind tunnel sting assembly. So assuming the trends determined by the CFD are valid, the Cd reduction 

determined in the wind tunnel test will be greater 

The results of the wind tunnel test with and without the tail cone are shown in F. Similar to CFD analysis, 

the coefficient of drag dropped with the addition of the tail cone. However, as displayed in Table 2-6 Tail Cone Cd 

Reduction Comparison, the percent reduction was not as great in the wind tunnel as it was in the CFD simulations. 

There are several likely reasons this is the case. The first 

and most likely cause of the discrepancy is that the sting 

assembly interfered with the base drag. Since the sting was 

stuck through the back end of the rocket, the stagnation 

point that would normally develop was unable to achieve 

its normal magnitude. Even though the sting was common 

between the tail cone and empty base wind tunnel tests, the presence of sting dramatically effected the effectiveness 

of the tail cone. As shown in Table 2-6 Tail Cone Cd Reduction Comparison, the Cd of the CFD model was greater 

than that of the wind tunnel model. This lends credibility to the notion that the sting reduced the base drag 

Table 2-6 Tail Cone Cd Reduction Comparison 

 CFD (Full Scale) Wind Tunnel 
(59% scale) 

Cd  0.1468 0.1399 

Cd Reduction 49.34% 30.63% 

 

 

Figure 2-21 Tail Cone Cd Comparison 
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experienced by the rocket design. Another possible reason for the variation in results is that the Cd reduction varies 

differently as the flow velocity experienced by the rocket increases.  

2.6.4. Conclusion  

Over every medium tested (CFD and Wind Tunnel), the tail cone decreased the overall Cd significantly. With 

a maximum Cd reduction of 63% determined by the CFD simulations for the ideal length, the rocket would gain an 

additional 20.7 % in altitude. Ideally, the rocket design would be able to achieve this level of reduction. However, 

due design alterations in response to other parameters and non-ideal conditions experienced in the real world, it is 

not expected that the design will perform to its maximum potential. That being said, the team believes the Cd 

reduction possibly is enough to warrant the incorporation of the tail cone into the final design. The final shape will 

be determined by the structures team and will be parameterized as discussed earlier in this section.  

2.7. Fins and Stability 

2.7.1. Center of Pressure         

Stability is a major factor to consider when designing a rocket, and as such, a rocket should be designed that so 

when there is a perturbation in the direction of flight, a corrective moment is produced to counteract the motion. 

This is primarily done through the use of fins at the tail end of the rocket.  

All normal forces can be represented as a single force on the rocket with a magnitude equal to the sum of all the 

normal forces. The position that this single force acts upon is called the center of pressure. If the center of pressure is 

located aft of the center of gravity, it is said to be statically stable. If the rocket is statically stable, then it will always 

produce a corrective moment for small angles of attack. The main cause of alterations in angle of attack is side wind. 

The CP can be defined as the position from which the total force produces the pitching moment: 

 

2.7.2. Barrowman Equations/Derivation 

The location of the center of pressure is calculated using the Barrowman equations. These equations assume 

subsonic speed and small angles of attack to compute the location to a higher order of accuracy.  

 

                 Figure 2-22. Sum of Aerodynamic Forces on a Rocket 
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The Barrowman equations are derived from the forces acting on the rocket. To acquire values for comparison 

they are first normalized by dividing by the dynamic pressure and characteristic area. For example, the normal 

forced is defined as:  

𝐶𝑁 =
𝑁

1

2
𝜌𝑣0

2𝐴𝑟𝑒𝑓

          (2.7) 

The moment at a point with respect to some reference point is written as follows: 

𝐶′𝑚𝑑 = 𝐶𝑚𝑑 − 𝐶𝑁𝛥𝑥                   (2.8) 

In the CP calculations for this rocket, the reference point is the tip of the nose cone. Since the resultant normal 

force acts at the center of pressure the previous equation can be rewritten as: 

𝑋 =
𝐶𝑚

𝐶𝑁
𝑑  (2.9) 

Since the assumption of small angles of attack is made, CP is then obtained as: 

𝑋 =
𝛿𝐶𝑚

𝛿𝛼
𝛿𝐶𝑁
𝛿𝛼

𝑑, evaluated at α=0, 𝑋 =
𝐶𝑚𝛼

𝐶𝑁𝛼

𝑑                                      (2.10) 

The derivation eventually leads to an equation composed of the normal force of the nose, transition, and fin 

portions of the rocket, the transition term being zero in our case: 

𝑋 =
(𝐶𝑁)𝑁𝑋𝑁+(𝐶𝑁)𝑇𝑋𝑇+(𝐶𝑁)𝐹𝑋𝐹

(𝐶𝑁)𝑅
                                    (2.11) 

 

2.7.3. Wind Tunnel Testing: CP and Stability  

Analysis of the data obtained from the wind tunnel test included locating the center of pressure of the 

rocket. This location was able to be determined experimentally using the normal force and moment coefficients. 

Knowing that the center of pressure is the location of a single, normal force representation vector causing the 

corrective moment produced by the fins, the center of pressure position, relative to the center of gravity, was found 

using the basic moment equation, M = r x F. The center of gravity location was positioned by placing the heaviest 

part of the model 41.3 inches from the tip of the rocket. Using the data collected from the wind tunnel test at a 

dynamic pressure of 15.7 psf, Cm = 0.017 and CN = 0.044, with respect to the center of gravity, the center of 

pressure location was calculated to be 57.7241 inches from the tip of the wind tunnel model. The surface area and 

volume used in these calculations were 2.2347 ft2 and 0.4737554. ft3 respectively. 
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2.7.4. RockSim 9: CP  

As with the trajectory, RockSim 9 was used to verify the accuracy calculated results. Typically the program 

is used in background. However, when discrepancies are discovered, the results of RockSim 9 are held to be the best 

answer unless proven otherwise. With regards to the CP location, there was a difference between the wind tunnel 

analysis and the RockSim 9 calculation. As per the wind tunnel model, RockSim 9’s CP estimation was 54.0876 

inches from the tip of the scaled wind tunnel model. That translates to a full scale CP location of 89.4762 inches 

from the nose cone tip. From past experience and recommendations, the CP calculated by RockSim 9 will be used 

for further stability analysis. The calculations for projected area and volume of the rocket were approximations; 

therefore the discrepancies were attributed to errors in these calculations.    

2.7.5. Fin Development 

2.7.5.1. Tested Airfoils 

When determining which airfoil should be considered for the fins of the rocket, it was important to bear in 

mind that the fins should not produce lift when the rocket is flying at zero angle of attack. The only time the fins 

should produce lift is when they are correcting perturbations caused by wind or other external factors. As such, the 

only airfoils that should be considered are symmetric airfoils, as any other would produce undesired lift when the 

rocket is flying straight, increasing the difficulty of attaining stable flight. Additionally, the fins should create as 

little drag as possible while still providing the necessary stabilizing capabilities. All information that could be found 

on the matter suggested that, in order to accomplish this, the maximum thickness of the airfoil should be no more 

than a few percent above or below 10% of the root chord (that is, the chord of the fin at the point where it attaches to 

the body of the rocket)13. As such, it was initially decided that the following NACA airfoils should be tested: 0006, 

0008, 0010, 0012, as these would allow us to obtain information for airfoils of a range around and including 10% of 

root chord. The results of the CFD tests on these airfoils will be discussed in detail in subsequent sections, as it is 

necessary to first discuss the geometry of the fins before presenting the data. 

After the initial round of CFD analysis of the fins, there was concern that the airfoils that had been tested 

might cause the fins to experience supersonic flow near the leading edge. To counter this, it was necessary to look 

into using an airfoil for which the maximum thickness lies further from the leading edge along the chord than in the 

NACA 00-series. Based on a recommendation from Dr. Pollock, the NACA 65-series was determined to be a 

potential solution to this problem. The 65-006, 65-008, and 65-010 airfoils were tested so that they could be 

compared with their respective counterparts in the 00-series. The results of this comparison will be discussed in 

following sections, along with the rest of the CFD results. 
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2.7.5.2. Fin Geometry  

The first step in determining the geometry of the fins was to decide which planform to use. The three main 

options for subsonic rockets are Clipped Delta, Trapezoidal, and Tapered Swept. A basic representation of each is 

shown in below. 

 

The tapered swept planform was initially eliminated, as sources stated that it is mainly useful for supersonic 

flight. However, it was later reintroduced as an option due to a combination of restraints and design requirements. 

Trapezoidal is also mostly for supersonic flight2, however it can be used for the subsonic regime as well, so it was 

considered. The main benefit of using trapezoidal fins comes into play if the rocket does not have a tail cone, as this 

shape helps to prevent damage to the fins during the rocket’s landing. Ultimately, clipped delta was initially chosen 

as the planform to be used. It is optimized for subsonic flight, and since our rocket will have a tail cone, there is no 

reason to use trapezoidal fins. Only variations on the clipped delta design were further tested prior to wind tunnel 

testing. 

To find the best planform geometry to use within the clipped delta format, several factors were varied to 

determine their effect on the drag and center of pressure of the rocket: base chord, length from rocket body to tip of 

fin, and tip chord. To isolate the effects of the geometry variations, they were all tested using the NACA 0010 

airfoil. After taking into consideration various structural limitations and the constraints of the clipped delta shape, 

the following variations were tested:  

 

 

Figure 2-23 Fin Design Options 

 

 

 Table 2-7. Clipped Delta Geometry Variations 

Model Base Chord (in) Length 

(in) 

Tip chord (in) 

1 6.7 6.7 3.35 

2 10 6.7 3.35 

3 6.7 10 3.35 

4 6.7 6.7 2 

5 10 10 5 
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Model 1 also represents the geometry that was used when testing the other NACA airfoils. This was chosen as 

the model for testing each airfoil because it is the basic shape recommended by most sources2.  

As decisions regarding the layout of the rocket were made, it became evident that the center of gravity of the 

rocket was further aft than initially assumed. This in turn necessitated a change in the planform of the fin, as the 

center of pressure would need to be moved back as well to compensate for the change in CG location and make the 

rocket stable. While the ideal solution would have been to increase the base chord of the fins, as that would be the 

best way to increase fin surface area with minimal effect on drag, this was impossible due to structural constraints 

related to bulkheads at the rear end of the rocket. Therefore, the clipped delta planform had to be heavily modified, 

although most of the information and analysis regarding the planform was still useful in determining the final fin 

geometry. Because these changes came very late in the design process of the rocket, there was insufficient time to do 

CFD analyses of any newly proposed planforms, so a decision was 

made based on all of the available information and previously 

obtained results. Trends obtained from the various rounds of CFD 

analysis had shown that increasing the sweep angle of the fin had 

the potential to reduce drag, so this was taken into account when 

considering how best to increase the surface area of the fin while 

minimizing the resulting increase in drag. Also, any further increase 

in length of the fins would cause great increases in drag and 

potential fin flutter, so this was discounted as a method of increasing 

surface area. Ultimately the best route was determined to be 

increasing the sweep of the trailing edge of the fins so that the trailing edge would be parallel to the leading edge, 

essentially resulting in a non-tapered, swept planform. This planform allowed for a significant increase in surface 

area of the fins while actually increasing the sweep angle compared to the clipped delta, thus resulting in the best 

possible combination of low drag and center of pressure location without doing extensive testing into optimizing the 

shape and sweep angle of the fins. A picture of the final design is shown in Figure 2-24 Final Fin Design 

 

This is also the fin design that was used in recent wind tunnel tests, and CFD analysis will be done going 

forward as time allows. Combined, these should allow for a confirmation of the assertion that this new planform will 

not cause any new, unforeseen issues. 

 

2.7.5.3. Fin Results 

All fin models were tested in Star-CCM+ using models in which the fins were mounted to a generic rocket 

body; the nose cone and diameter of this rocket body were constant through all fin tests. The data presented below 

 

Figure 2-24 Final Fin Design 
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shows the raw drag force value for each fin model, as the coefficient of drag could not be accurately found due to an 

uncertainty in which reference area should be used. 

 

The data for varying airfoils within a constant planform geometry follows the expected trend of increasing 

drag for increased thickness. It also shows that up to the 0010, there is very little fluctuation in drag, whereas there is 

a sharp increase for the 0012. This means that either the 0006, 0008, or 0010 could likely be used without much 

issue, which will allow for a decent amount of freedom when making the final decision on which fin to use. 

For the different geometries using the NACA 0010 airfoil, the data provides valuable insight into which 

variables have the greatest effect on drag. One observation is that an increase in base chord yields a decrease in 

overall drag, as does a decrease in tip chord. Conversely, any increase in fin length, regardless of other changes 

made, causes a significant increase in drag. This allows the geometries with increased length to be eliminated, 

except in the case that a longer fin becomes necessary for moving the center of pressure of the rocket further aft 

(which can only be determined once the center of gravity of the rocket is located). 

In addition to the raw data obtained from Star-CCM+, it is also important to examine the flow that over the 

fins. Below are screen shots of the Mach number distribution over each of the fin models: 

Table 2-8. Airfoil Variation Results 

NACA Drag (lbf) 

0006 104.56 

0008 104.73 

0010 104.83 

0012 107.23 

 

Table 2-9. Geometry Variation Results 

Variation Type Drag (lbf) 

0010-1 N/A 104.83 

0010-2 base chord + 102.76 

0010-3 length + 110.11 

0010-4 tip chord - 103.48 

0010-5 all+ 110.09 
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In these images, the contours display the Mach number at all locations along each fin. Any parts of the 

contours that are dark red represent a Mach number of 1, and anywhere along the fin where there is white represents 

a supersonic region. While Star-CCM+ only provides an approximation of the flow, especially because the rest of 

the rocket was just an arbitrary body and nose cone combination and not what will actually be used in the final 

rocket, it was important to note these locations as potential problems. If the flow over the fins goes supersonic at any 

point, serious complications can arise both structurally and aerodynamically, and in some cases this could lead to 

catastrophic failure of the rocket. For this reason, additional airfoils from the NACA 65-series were tested and 

compared to their counterparts in the 00-series. The results of this comparison are shown below: 

 

  

a) NACA Airfoil Variations  b) NACA-0010 Geometry Variations 

Figure 2-25. Mach Number on Fin Models 
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As before, in this figure, any dark orange or red areas show regions where the flow over the fin is in danger 

of becoming supersonic. In the two pictures on the top half of the figure, which show the 65-series, it can be seen 

that this change in airfoil almost entirely eliminates the concern of supersonic flow over the fins.  

 

2.7.6. Conclusion 

The final decisions regarding fin geometry and airfoil were a result of considering all available data and 

information and choosing the option that would minimize any anticipated problems while also achieving certain 

nonnegotiable outcomes. The design is again shown below for reference: 

 

 The 65-010 airfoil was chosen because it should essentially eliminate the concern of the fins experiencing 

supersonic flow while not significantly increasing drag compared to thinner options. It will also help to prevent 

failure due to fin flutter since the fins will be thicker at the base than if the 65-006 or 65-008 had been used. The 

non-tapered, swept planform with constant chord of 10 inches was chosen to achieve a center of pressure location 

that would allow the rocket to reach stable flight given the estimated center of gravity. It should also minimize 

 

Figure 2-26 Comparing the NACA 65 and 00 Series 

 

 

Figure 2-27 Final Fin Design 
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concerns of the potential for increased drag due to higher surface area by simultaneously increasing the sweep angle, 

which was shown to help decrease drag through various CFD tests. 

2.8. References 

1Anderson, John., Introduction to Flight, 7th ed., McGraw-Hill, 2011, Print. 
2Hennin, Bart., “Why Should You Airfoil Your Rocket’s Fins?,” Peak of Flight., 31 Jan. 2012, URL: 

http://www.apogeerockets.com/downloads/Newsletter305.pdf [cited 8 November 2013]. 
3Benson, Andrew., “Volare: Spring-Fall 2010 Senior Design Project Final Report,” 2010. 
4Bennett, Trevor., “Horizon Aerospace Final Report,” 2012. 
5Carmichael, Ralph., “Public Domain Aeronautical Software,” Appendix 1 – Tables of Profiles., 2010, URL: 

http://www.pdas.com/profiles.html [cited  September 2013]. 
6Abbott, I., Von Doenhoff, A., and Stivers, L., “NACA Report No. 824: Summary of Airfoil Data,” NASA Technical Report 

Server, National Aeronautics and Space Administration, 01 Jan. 1945, URL: 

http://naca.larc.nasa.gov/search.jsp?R=19930090976&qs=N=4294868711+4294448803 [cited 8 November 2013]. 
7Suliman, M. A., O. K. Mahmoud, M. A. Al-Sanabawy, and O. E. Abdel-Hamid. "Computational Investigation of Base Drag 

Reduction for a Projectile at Different Flight Regimes."ASAT-13-FM-05 (n.d.): n. pag. Military Technical College, Kobry 

Elkobbah, Cairo, Egypt, 2009. Web. <http://www.mtc.edu.eg/ASAT13/pdf/FM05.pdf>. 
8Barrowman, J. S., et al. "An Improved Theoretical Aerodynamic Derivatives Computer Program for Sounding 

Rockets." Sounding Rocket Technology Conference, 5th, Houston, Tex., March 7-9, 1979, Technical Papers. (A79-25751 09-

12)  New York: American Institute of Aeronautics and Astronautics, 1979. 111-120. Aerospace Research Central. Web. 

9/26/2013. 
9 Mandell, Gordon K.; Caporaso, George J.; Bengen, William P.,“Topics in Advanced Model Rocketry”; The 

MIT Press; 1973 
10Stoney,William.., “Transonic Drag Measurements of eight body-nose shapes”, NACA RM l53K17, 5 February 1954 
11Toft, Hans. "Nose Cone Drag Study for the SStS Rocket." (2005): 10. Sugar Shot to Space Program Documentation. Sugar 

Shot to Space. Web. 10 Oct. 2014. <http://sugarshot.org/downloads/nosecone_drag_study_ss2s_rocket.pdf>. 
12Owens, Robert. "Aerodynamic Characteristics of Spherically Blunted Cones at Mach Numbers from 0.5 to 5.0." NASA 

Technical Note D-3088 (1965). Print. 

13Stoick, Gary. "Nose Cone and Fin Optimization." Tripoli Minnesota High Power Rocketry. Off We Go Rocketry, 1 Jan. 

2011. Web. 15 Sept. 2014. <http://tripolimn.org/files/Nose Cone & Fin Optimization January 2011.pdf>. 

14"Solid Propellant Rocket Research." Nose Cone. University Sans Malaysia, 13 June 2011. Web. 04 Nov. 2014.    

http://www.apogeerockets.com/downloads/Newsletter305.pdf
http://www.pdas.com/profiles.html
http://naca.larc.nasa.gov/search.jsp?R=19930090976&qs=N=4294868711+4294448803


 

33 

 

 

 

3. Engine 

3.1. Objective 

 The objective of the engine is to provide the thrust required to propel this team’s rocket to 10,000 ft. To 

achieve this goal, Dynamics and Operations has provided a 1-D analysis of the rocket based upon our proposed 

thrust curve, with the only requirement being that the rocket leaves the rail at 60 feet per second. Several fuels have 

been considered, and three are currently still being evaluated for which will perform with maximum value. The 

engine has been divided into four main sections: the nozzle, combustion chamber, injector, and oxidizer tank and 

plumbing. Each section is being designed in collaboration with each other section, while aiming to create a product 

that is efficient, innovative, cheap, and reusable. 

3.1.1. Test Engine 

 In order to achieve the engine’s goal of efficiency, a test engine is being produced so that unknowns 

encountered in the design process can be identified and losses between ideal solutions and reality can be predicted. 

The test engine was designed to produce an impulse of 350 lbf-s, and burn for 3.5 s. These goals were set in order to 

keep the test engine small and cheap, while large enough to obtain useable data. The test engine is expected to give 

data on specific impulse, oxidizer flux rate, regression rate, and overall performance compared to ideal values. 

Although this data cannot be scaled to fit the larger competition engine, a test engine can provide predictability in 

the final design. 

3.2. Oxidizer and Fuel 

The oxidizers that were initially researched were hydrogen peroxide, liquid oxygen, and nitrous oxide, based 

on common oxidizers that are already used in modern rocketry. Hydrogen Peroxide was eliminated because of 

dangerous storage methods, toxicity, and instability (specifically its explosive reaction to dust particles). Despite 

numerous recommendations in literature on its advantages as an oxidizer, liquid oxygen was eliminated because it 

required a very low storage temperature as well as the need to purchase a dewar to properly store it before use. 

Nitrous oxide remained the safer and cheaper choice for an oxidizer due to its high availability and simpler storage 

methods.  

To determine an efficient fuel mixtures with nitrous, ProPEP was used to analyze various combinations at a 

fixed pressure of 300 psi and the fuel to oxidizer ratios were adjusted to determine the stoichiometric mixture of fuel 

to oxidizer. The lowest performing fuels in terms of Isp were eliminated and the remaining fuels were divided up 

among the members of Propulsion to research further. Based on the availability, cost, ease of manufacturing, risks, 

and other factors found for each fuel, the choices were compared amongst each other and narrowed down to three; 

HTPB, HDPE, and Nylon 6. The Isp (according to ProPEP) and the total propellant mass required for these three 

fuels did not differ significantly from one another so all three fuels will be used in the test engine to make a more 
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educated decision based on actual performance and predictability. A final fuel to use with nitrous will be chosen 

after testing, however all theoretical calculations presented are based on properties of HTPB due to the abundance of 

literature and experimental documentation compared to HDPE and Nylon 6.  

 

3.2.1 Tank Filling 

The inherent nature of Nitrous Oxide as it fills the tank will lower the temperature of the oxidizer tank. Even if 

the temperature of the tank only gets down to 70 °F (though we expect it to get down much colder), pumping 12 lbs 

of oxidizer into the tank will still leave a substantial amount of room for Helium. Since the oxidizer tank will be 

pressurized to 1500 psi with Helium, if the oxidizer tank is at 70 °F, then assuming that no Helium leaves the tank 

before all of the Nitrous Oxide is gone, the pressure in the tank will still be at 420 psi. The high end pressure means 

that the stagnation pressure can be set much higher than previously thought and that most (if not all) of the oxidizer 

will be useful.  

3.3. Combustion Chamber 

The combustion chamber is the location within the engine where the burning and mixing of the fuel and 

oxidizer takes place. Proper mixing is a major factor in engine performance and thus a major concern in design. 

Aside from being the solid fuel storage cavity, the chamber must be large enough to house any insulation as well as 

the pre and post combustion chambers that are located above the fuel grain, respectively. All dimensions in the 

design were determined using relevant equations, predetermined parts, calculated requirements, and education 

reasoning.  

The Dynamics team provided the Propulsion team with specific performance parameters to design around; a 

velocity of 60 m/s off the rail as well as a predicted thrust over time. The fuel used would in theory meet the 

predicted thrust vs. time curve as best as possible. The size of the engine was determined by Dynamics and 

Structures according to the agreed body tube diameter and overall rocket length. The rest of the chamber design was 

decided by the propulsion team. A major design concern considered was making a reusable engine to save on costs 

and time; to address this issue, an easily removable nozzle will connect to the combustion chamber in a way that 

allows new fuel grains to be inserted for the next launch. The completed Solid Works model for the combustion 

chamber is shown in Figure x. 

The size of the chamber itself was constrained by the mass of fuel and the amount of room required for the fuel 

port. The port design for the engine was chosen in order to maximize the surface area available at the start of 

combustion, and to remain relatively constant throughout the grain’s regression. The current design for the fuel grain 

is the “Galactic Empire” shape shown in figure 3.1 below. The design, while similar to the previous year’s design, 

differs in that six cogs should regress more evenly than eight. This geometry will allow enough surface area to be 
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burned and depleted for the required mass flow rate of the fuel without having an extremely large fuel port. 

However, the ability to produce the geometry of this port as well as accurately modeling the regression of the fuel 

remains to be the central issue of this design and can only correctly be obtained from empirical data of the engine. 

Currently, the regression of our fuel port is being modeled from empirical data of other engines. The required 

surface area was estimated by acquiring the mass flow rate from a desired thrust using equation 3.1, where is the 

propellant mass flow rate (fuel and oxidizer combined), is the acceleration due to gravity, and is the exhaust velocity 

as determined by nozzle calculations. The amount of the calculated mass flow that would be fuel was estimated to 

be 20% of the total based upon test data obtained by last year’s team, which showed that more fuel was being 

expelled from the engine than was being burned. This is most likely due to the rubber HTPB subliming at the 

mixture’s high combustion temperature. Using the available data, a port dimensions were calculated to provide a 

mass flow rate that is as close as possible to the ideal.  

�̇�𝑡𝑜𝑡𝑎𝑙 =
𝐹𝑡ℎ𝑟𝑢𝑠𝑡

𝑔𝑜×𝑉𝑒
                         (3.1) 

 

 

Figure 3.1. "Galactic Empire" Port Design 

In equations 3.2 and 3.3, �̇� is the regression rate, 𝑎 & 𝑛 are ballistic constants, 𝐺𝑜𝑥 is oxidizer mass flux, and A 

is the port area1, 𝑠 is the string length (or perimeter) of the grain port, 𝑙 is the length of the port, and 𝜌𝑓 is the density 

of the fuel. These equations were plugged into a spreadsheet that iterates each calculation over time, and then the 

amount of fuel being burned and the changing dimensions of the port can be observed. The current spreadsheet does 

not account for rounding at the sharp edges of the port, this could introduce error into our mass flow rate 

calculations, which will be adjusted after testing the engine. Figure 3.2 below shows how regression changes with 

changing oxidizer mass flux. (Note: The information about PMMA should be ignored as it not being considered for 

the engine). 
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�̇� = 𝑎𝐺𝑜𝑥
𝑛 = 𝑎(

�̇�𝑜𝑥

𝐴
)𝑛                                                                 (3.2) 

�̇�𝑓 = 𝑠𝑙𝜌𝑓 �̇�                                                                           (3.3) 

 

 

 

The post-combustion allows for proper combustion of fuel and oxidizer before they exit the engine through the 

nozzle. Based on the formula for volume of the combustion chamber give below, the volume of the post combustion 

chamber was extrapolated. Stay time was estimated to be between 0.8 and 1.2 seconds, which provided a reasonable 

range for the length of the post-combustion chamber; after careful consideration, this length was determined to be 

1.0 in. In order to save time and cost on machining, the post-combustion chamber will be an extension of the 

nozzle’s graphite rather than as a separate graphite part; this design is further discussed in the nozzle section. 

𝑉𝑐  =  𝑚𝑎𝑠𝑠 𝑓𝑙𝑜𝑤 𝑟𝑎𝑡𝑒 × 𝑝𝑟𝑜𝑝𝑒𝑙𝑙𝑎𝑛𝑡 𝑠𝑝𝑒𝑐𝑖𝑓𝑖𝑐 𝑣𝑜𝑙𝑢𝑚𝑒 ×  𝑠𝑡𝑎𝑦 𝑡𝑖𝑚𝑒                                 (3.4) 

Connections to the bulkheads and other engine parts required flanges and specially drilled holes into the main 

chamber. An aluminum 6061 tube was determined to have the properties needed to machine and weld our 

Solidworks design. Two flanges will be welded on to connect to the bulkheads within the rocket that will hold the 

entire engine in place. The top flange will also serve as a connection to the injection system and the mid-chamber 

flange is positioned in a way that allows for the connection of a tail cone. The nozzle will be inserted into the bottom 

of the chamber and will connect to the chamber via inset holes.  

Table 3-1. Ballistic coefficient of three fuels with nitrous 

oxide 

Fuel a n 

HDPE 0.248 0.331 

HTPB 0.417 0.347 

 

 

Figure 3.2. Regression rate curves1 
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Adding insulation to the chamber walls provides an extra layer of protection from exposure of the aluminum 

tube to the extreme temperatures of the chamber, which could cause melting and failure. Due to testing issues 

experienced the previous year, the team decided these extra precaution was worth the extra cost in producing the 

engine. Wet and stick, a fiberglass insulation that becomes plaster-like when wet, will be molded onto the fuel grain 

and run the length of the walls of the chamber. This insulation only has a maximum temperature tolerance of 1100 

F, so the graphite of the post combustion chambers will act as an extra source of insulation as well an extra layer of 

unburned fuel (a layer of the grain that will remain unburned after engine cutoff). The pre and post combustion 

chambers will have two different designs based on the connectivity of the main chamber. The pre combustion 

chamber will be a simple graphite ring that sits between the injector coin and the fuel grain; however the post 

combustion chamber will be machined as an extension of the nozzle to save on cost and time. 

 

The pre-combustion chamber allows for hot oxidizer gas recirculation before it reaches the fuel grain. Based 

on the injector that will be used for the engine, it was measured that nitrous from all four holes of the coin will  

converge at a distance of 1.0 in from the coin’s position. In order withstand compressive and thermal loads, the 

thickness of the combustion chamber was chosen to be 0.25 in. 

3.4. Injector System 

3.4.1 Injector Design 

The doublet impinging design is the method being pursued because it is a simple, flexible design with good 

atomization of propellant. Not only that, but it is easy to control the point of impingement with multiple holes rather 

than just one hole. Having a greater angle of contact from the doublet design should also result in greater 

 

Figure 3.1: Solidworks model of the complete combustion chamber 
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atomization as all of the oxidizer will be hitting at the specified angle and not just some. With this general design 

being pursued, the most optimal approach involves injecting the oxidizer to a “stable” point. While this can be 

accomplished with a minimum of three injector holes, four injector holes should inject evenly even if one of the 

holes is slightly off. This means doing a design like the one seen in the figure below. Even if the injector is not 

placed in the center of the combustion chamber, multiple of these four-holed injector coins can be used.  

 

Figure 3.3. Comparison of Impingement Methods 

3.4.2 Injector Sizing  

Once the injector design has been finished, the calculations for the injector can be done. This can be done 

under ideal circumstances using a modified Bernoulli equation and by treating the injector as an orifice. When 

rearranged to find the equivalent total area of the orifices, the equation becomes equation 3.5, where B is the area of 

the orifice, A is the area of the channel, d is the density of the fluid, Q is the mass flow rate, C is the discharge 

coefficient, and p is the delta pressure across the orifice. 

𝐵 =
𝐴√𝑑𝑄

√2𝐴2𝐶2𝑝+𝑑𝑄2
                                                                       (3.5) 

This will yield a very crude number given that the injector is infinitely thin and ideal. In reality, friction forces 

through the holes will be substantial. This along with other non-idealities and the effect of the acceleration of the 

rocket on the mass flow rate is still being calculated. This finalized number will greatly depend on the final design of 

the plumbing leading up to the injector as it is expected to have a large coefficient of friction. Due to the high 

pressure drop (about 75% of the delta pressure) expected from the new plumbing/injector design the oxidizer should 

be completely vaporized by the time it gets to the combustion chamber. This simplifies calculations, makes the 

vehicle more predictable, and ultimately allows better control of the mass flow rate. 

To achieve more accurate numbers, flow analysis was performed, and the once the simulation similarly 

matched to previous data, the injector hole sizes were calibrated until a desired thrust curve was obtained.  

3.4.3 Injector Housing 

Due to the difficulties caused by both the starting mechanism and the ball valve, a new design was desired to 

take over for both tasks. A model of the proposed design change can be seen in Figure 3.4. The “injector housing” as 



 

39 

 

 

 

its being called (because it sits right above the injector coin) consist of a body and two moving parts. The first 

moving part is actually an Estes rocket engine and is located near the middle of the model, right above the central 

orifice. On top of this is the other moving part and is the plug. The way this design is intended to work is as follows: 

after screwing in the injector coin into the rest of the housing, this entire piece is screwed into the top of the 

combustion chamber. Once this piece is screwed in, the oxidizer tank can be filled with the nitrous oxide. This will 

immediately put a large pressure on the Estes motor, however because it has such a small area, the total force on the 

motor should be rather small. When ready to launch, the motor will be ignited with an electronic starter. As the 

motor burns away, the plug/piston will be able to move down the shaft and the nitrous oxide will begin to flow into 

the outer cavity where it will then be able to flow through the holes in the injector coin. This setup allows for an 

easy way to get the nitrous oxide flowing at the start of the launch, is easily resettable and allows the injector coin to 

be quickly swapped out.  

 

 

3.5. Nozzle 

This section of the report will detail the methodology and the equations that have been used to design the 

nozzle of the rocket. This will include the role that the nozzle plays in the system of the rocket, the criteria for 

selecting the parameters to design the nozzle, the dimensions that were calculated and how the nozzle will be 

fabricated. 

A basic explanation for the role a nozzle plays in the propulsion of a rocket is that it converts the high 

pressures of the propellant exhaust leaving the combustion chamber into kinetic energy exiting the nozzle which 

 

   Figure 3.4 Injector Housing Design 
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results in producing thrust. In the nozzle, the combustion chamber exhaust is converged into the throat of the nozzle 

which is the smallest area of the nozzle. The area of the throat is designed so that the flow of the exhaust is choked 

and sets the mass flow rate through the system [1]. The exhaust is choked such that the velocity of the flow in the 

throat is sonic, or equal to a Mach number of 1. The choked exhaust then moves further downstream where the area 

of the nozzle expands. As the exhaust expands down the axial length of the nozzle towards the exit, the velocity of 

the flow is increased to supersonic velocities (M > 1). This type of nozzle design is called a Converging-Diverging 

(CD) Nozzle, and is the most common design used in practice. 

A general rule of thumb when designing nozzles is to use the worst conditions that occur during the flight. 

This helps to ensure that during the rocket flight, the performance of the nozzle will not fall below the minimum 

required conditions. It should be noted that the equations used for the design of the nozzle were for an isentropic 

nozzle. The values determined in this report are for a hydroxyl-terminated polybutadiene and nitrous oxide 

equivalence ratio of 0.167. 

To determine the ideal throat area for the conditions discussed above, the velocity of the propellant exhaust 

at the throat, the maximum mass flow rate of the propellant, and the specific volume of the exhaust at the throat 

needs to be calculated. Once these values were determined, the following equation 3.6 can be used to calculate the 

area of the throat. 

  
𝑨𝒕 =

𝒎∗ ∗ 𝑽𝒕

𝒗𝒕
 

(3.6)2 

  

𝑣𝑡 = √
2 ∗ 𝑘

𝑘 + 1
∗ 𝑅 ∗ 𝑇1 

(3.7)3 

Using equation 3.7, the velocity of the exhaust at the throat, vt, was calculated to be 3538.9 ft/s. Where k is 

the specific heat ratio (also commonly defined as gamma (γ)), R is the molecular weight of the propellant exhaust, 

and T1 is the temperature of the combustion chamber. The value for the specific heat ratio was found by using 

ProPEP and is equal to 1.2498. Next the specific volume of the propellant exhaust at the entrance of the nozzle, V1, 

and at the throat, Vt were calculated using equations 3.8 and 3.9, respectively. 

  
𝑽𝟏 =

𝑹 ∗ 𝑻𝟏

𝒑𝟏
 

(3.8) 

Where p1 is the pressure at the entrance of the nozzle. P1 is considered to be equal to the pressure of the 

combustion chamber, and was set to the stagnation pressure of 395 psig for our calculations. This stagnation 

pressure was determined as the pressure of the combustion chamber when all of the nitrous oxide has been 

exhausted and only helium remains. Using equation 3.10, the velocity of the exhaust at the exit is determined to be 

7473.6 ft/s (M = 2.11). 
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  𝒗𝟐

= √ 𝟐 ∗ 𝒌

𝒌 − 𝟏
∗ 𝑹 ∗ 𝑻𝟏(𝟏 − (

𝒑𝟐

𝒑𝟏
)

𝒌−𝟏
𝒌

 

(3.10)4 

Where P2 is equal to the pressure at the exit of the nozzle. The desired exit pressure is slightly higher than 

the ambient pressure at the launch site in Green River, Utah so that the nozzle geometry is slightly under-expanded. 

This helps to prevent the occurrence of shocks occurring inside of the nozzle. The average elevation in Green River, 

Utah is 4078ft, where the atmospheric pressure is approximately 12.7psia. Desiring a pressure approximately 5% 

higher than this atmospheric pressure yields an exit pressure, p2, of 13.34psia.  

The maximum ṁ was calculated using the thrust curve discussed in section 1.5 later in this report, and was 

found to be 2.26 lbm/s. The area of the throat was determined to be 0.879 in2 by equation 3.6. The area of the exit 

was found by using equation 3.13, after solving for the specific volume of the exhaust at the exit of the nozzle in 

equation 3.12. The exit area was determined to be 3.815 in2. The diameters for the throat and exit areas are shown in 

Table 3.3. 

  
𝑽𝟐 = 𝑽𝟏(

𝒑𝟏

𝒑𝟐
)

𝟏
𝒌 

(3.12) 

  
𝐴2 =

𝑚∗𝑉2

𝑣2
 

(3.13) 

Table 3.3. Throat and Exit Diameters 
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After the areas of the throat and exit were determined, the geometry of the nozzle was shaped. For this 

nozzle, a bell contour was chosen for the shape of the nozzle because it provides a higher efficiency than a conical 

nozzle of similar area ratio and length. This additional efficiency is due to the nozzle exit divergence angle (θe in 

figure 3.5) for a bell contour nozzle being smaller than that of a conical. A smaller exit divergence angle increases 

the momentum of the exhaust in the axial direction, providing a higher specific impulse6. However, bell contour 

nozzles are more difficult to manufacture compared to their conical counterparts. A parabolic bell contour is one of 

the most commonly used nozzle shapes today, however, cubic bell contours have been found to have similar or 

slightly higher efficiencies than a parabolic bell contour because the exit divergence angle is even smaller than that 

of a parabolic. Another benefit of a cubic bell contour over a parabolic is the length of a cubic bell nozzle is shorter 

than that of a parabolic. This helps to reduce the weight of the nozzle, and reduces the strain on the end of the nozzle 

which could cause the graphite to fail. The shorter length also allows for a higher angle for the tail cone of the rocket 

which has shown to reduce the coefficient of drag on the rocket. For these reasons, a cubic bell contour divergent 

section has been chosen for our nozzle design. 

Figure 3.5. Geometry of a Parabolic Bell Contour [7] 

  To create the contour of the nozzle, Dr. Pollock has allowed use of code he has created using Mathcad to 

create the curvature for the nozzle. This cubic shape uses a departure angle of 14⁰ and has an exit angle of 5°. Figure 

3.6 shows the cross section of the nozzle design. The post combustion chamber has been included on the length of 

the nozzle, and adds an additional 0.5” to the length. Combining the two parts together helps reduce the chance of 

fractures occurring between the interfaces of the two parts, as well as helps to reduce the fabrication time and 

prevents having to either cut the graphite rod stock, or ordering another piece of graphite to create the post 

combustion chamber. However, by combining the two components, any damage to the piece will now be more 

costly as the entire graphite piece will have to be fabricated again. An aluminum collar with 10-32 key inserts will 

join the outside diameter of the nozzle to the inside diameter of the combustion chamber. Two high temperature, 

chemical-resistant O-Rings have been used to create a pressure seal between the nozzle collar and the combustion 

chamber. It should be noted that he nozzle is not joined to the collar and is allowed to “float” inside of the collar. 
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This helps to reduce stresses and fractures that could occur at the joining locations during the burn from thermal 

expansion. 

 

Figure 3.6. Cross-Section of the Nozzle Design 

 

The nozzle material chosen is graphite because of its high melting point (3730 K) and its relative light-

weight compared to metals with similar melting points. While graphite is more expensive than other nozzle 

materials such as metals, and is more difficult to machine, it is important that the nozzle is able to withstand high 

temperatures because any change to the geometry of the nozzle caused by deformation of the graphite can severely 

impact the performance of the nozzle. Aluminum was chosen as the collar material because it is light weight and 

inexpensive. Steel key inserts were added to the collar so that the nozzle can be removed without concern to 

damaging aluminum threads. 

 

3.6. Plumbing 

 The oxidizer tank is used to hold the liquid oxidizer, in this case nitrous oxide. The purpose of the plumbing is 

to transport the oxidizer from the oxidizer tank to the injection coin as quickly and efficiently as possible. Both the 

oxidizer tank and the plumbing will have to withstand high pressures from the liquid oxidizer. The tank and 

plumbing will experience pressure between 900 psi and 1500 psi from the helium pressurization. The plumbing will 

have to transport a minimum oxidizer flow rate of 0.4 lb/s for testing purposes and a minimum oxidizer flow rate of 

1 lb/s for the main engine. Also, the plumbing configuration must minimize the pressure drop while transporting the 

oxidizer from the tank to the injection coin. 
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Based on Bernoulli’s Principle and the conservation of mass equation, the pressure drop of the oxidizer 

down the plumbing is found to be negligible as long as the tubing inner diameter is larger than the total injector 

orifice diameter. For testing, the total injector orifice diameter is 0.329 in2. For the main engine, the total injector 

orifice diameter is 0.82 in2. In result, an inner diameter of 3/8" has been selected for the test engine plumbing and an 

inner diameter of 7/8” has been selected for the main engine plumbing. Each of these diameters will be over the total 

injector orifice diameter, so the main pressure drop will occur at the injector, not the through the plumbing. 

3.6.1. Oxidizer Tank and Fittings 

The oxidizer tank for engine testing is aluminum and is capable of holding 116 in3 of oxidizer. The tank 

will be able to hold approximately 2.3 lbf. The oxidizer tank is capable of handling the oxidizer and the helium 

safely. The oxidizer tank for the main engine will be carbon fiber which will help minimize the weight of the rocket. 

The main tank will be capable of holding 550 in3 of nitrous oxide and helium. The tank will be able to hold 

approximately 11.5 lbf of oxidizer and helium; therefore the oxidizer tank is fully capable of handling both the 

nitrous oxidizer and the helium safely. 

In an effort to save time and energy during the engine testing process, a new valve was designed to take the 

place of the ball valve that was originally used to initiate the oxidizer flow through the plumbing, injector and to the 

engine. This new fitting incorporates the action of releasing the oxidizer with the injector coin. They are pieced 

together to create what will be referred to as the "injector housing". Also, a cross piece has been designed for the 

main engine plumbing to bring together the nitrous fill, the helium fill, and the transducer while allowing the 

oxidizer to flow from the tank to the top of the injector housing as efficiently as possible. This new cross will 

decrease the total cost, weight, and length of the plumbing. 

 

Figure 3.7. Main Engine Plumbing 

3.6.2. Flow Analysis 

Due to the unusual shape of the injector mechanism, the pressure drop across this device is expected to be non-

negligible. Though a pressure drop is not a desired consequence, the large chamber just above the holes in the 

injector means that most of the oxidizer should be a vapor before travelling to the combustion chamber. As the 

engine runs and the pressure in the tank drops, the quality of the oxidizer will only increase throughout the run. 

Though the shape of the of the injector made the exact pressure drop between the tank and the combustion chamber 

difficult to calculate, the pressure drop is expected to be on the order of about 50 psi as determined through several 
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methods of approximating pressure drop. The pressure drop of the fluid between the tank and the injector 

mechanism will be minor given the extremely short run distance. Given that the tank will be pressurized with helium 

as well, the pressure will range between the starting 1500 psi value and the final 420 psi value as determined by the 

amount of helium left once all the oxidizer has been used. Obviously this final 420 psi is an ideal case in which none 

of the helium leaves before the oxidizer, but it should provide a good measure of the approximate magnitude of the 

final pressure at the end of the burn. 

Using flow analysis, a simulation was created to model the process as accurately as possible. This simulation 

was compared against previously obtained data to verify its validity as best as possible. After ensuring the results as 

much as possible through several means, various curves were generated that should closely reflect the final results of 

the main engine. 

 

Figure 3.8 Main Engine Simulation Results 

3.7. System Modelling 

In order to match the goal Dynamics and Operations has set forth for the engine, a program has been 

written to model an expected thrust curve, given initial conditions and our design. This program models each stage 

of the engine from pressure in the oxidizer tank to propellant exit velocity from the nozzle because each stage of the 

engine has variables dependent on the other stages. Losses are expected from this model, but after testing, these 

losses can be better predicted, and the design corrected. 
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1.5.1.      Analysis of Engine Performance 

To verify that the performance of our engine matches what is required to complete the objective of the 

rocket, a thrust curve calculator has been created. This calculator uses Microsoft Excel to generate data for several 

variables as a function of time; including mass flow rate of the oxidizer, mass flow rate of the fuel, altitude, 

equivalence ratio, and several other variables. These values are able to calculate the instantaneous thrust produced, 

and using this information we were able to generate a thrust curve. This data was input into a Matlab program to 

calculate the altitude of the rocket as a function of time, and we were able to determine the burn time required to 

reach 10,000 ft AGL. This burn time was found to be 11.5s. 

To solve for the required mass flow rate of the fuel, several assumptions have been made to simplify the 

solution. The molecular weight and specific heat ratio of the exhaust, as well as the temperature of the combustion 

chamber has been considered to remain constant. In actuality, these values will change since the F:O ratio will not 

remain at the perfect 0.167 throughout the process. This calculator also currently makes the assumption of optimum 

expansion conditions in the nozzle such that the pressure at the exit of the nozzle is equal to the pressure of the 

atmosphere. The atmospheric pressure at the exit of the nozzle as a function of time has been calculated using 

Dynamics and Operations calculations for the altitude of the rocket as a function of time. With this information, the 

velocity of the gas at the exit is calculated, and with a desired thrust, the mass flow rate of the exhaust can be 

determined. Since the mass flow rate of the oxidizer is known, we can subtract it from the calculated mass flow rate 

of the exhaust to determine the mass flow rate of the fuel.  Using this mass flow rate, the geometry of the port in the 

fuel grain can be designed based around this target mass flow rate. The created thrust curve is shown in Figure 5.1 

Figure 5.1. Generated Thrust Curve 
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It will not be practical to create geometry that follows this mass flow rate perfectly, but what will be created 

will be the best attempt to match this target. With the geometry that is created, the mass flow rate based on the 

regression characteristics of the fuel will be calculated, and a new thrust curve can be created. The specific heat 

ratio, the molecular weight of the exhaust, and the temperature of the combustion chamber will no longer be 

assumed to be constant since the changing equivalence ratio can be found. To determine how these values change, 

an equation will be generated for each variable by using ProPEP and performing several iterations of calculations 

and plotting the results. The thrust calculation will also be updated to include the difference in pressure of the nozzle 

exit and the atmosphere. 
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4. Recovery 

4.1. Objective 

4.1.2 Deployment Altitudes/Velocities 

The deployment of the recovery system will occur as follows: 

1. The rocket reaches apogee (10,000 feet), and momentarily comes to a turning point in its vertical motion. 

2. Shortly after the rocket reaches this turning point, the flight computer will set off the first ejection charge, 

deploying the drogue canopy. 

3. The drogue canopy will exit the rocket body and inflate, allowing the rocket to come to a terminal velocity 

of 100 ft/s. 

4. The system will fall 8,500 feet, during an elapsed time of 85 seconds. 

5. At an altitude of 1500 feet, the flight computer will set off the second ejection charge, deploying the main 

canopy.  

6. The main canopy will exit the rocket body and inflate, allowing the rocket to come to a new terminal 

velocity of 20 ft/s. 

7. The system will fall 1500 feet, during an elapsed time of 75 seconds. 

8. The system will impact the ground, and await retrieval.  

 The total projected time of descent, ignoring any environmental factors, will be 160 seconds. Deploying the 

drogue immediately after apogee is essential, to ensure the rocket does not enter into an unrestrained free-fall. The 

initial descent velocity of 100 ft/s was chosen because it provides a relatively rapid descent, while also not being too 

large as to create the conditions for excessive opening forces on the main canopy (these forces will be elaborated 

upon in section 4.3). Additionally, this descent velocity is within 75-150 ft/s, the range recommended by the ESRA. 

The second descent velocity, 20 ft/s, was chosen because it will produce a relatively low ground impact force (future 

analysis of the strength of the rocket body structure may lead to a change in this final descent velocity).  The 

deployment altitude for the main canopy was chosen to be 1500 feet, because it provides sufficient fall-time for the 

main canopy to fully deploy and inflate.  

4.2. Canopy Geometry 

When considering the geometry of the parachute canopies, the most important factors are the coefficient of 

drag, relative stability, low opening forces, even pressure distribution in the canopy, and whether or not the 

geometry is suitable for the target descent velocity. Secondary factors include ease of fabrication and simplicity of 

design.  

 Of the most commonly used parachute types, there exist two main categories, solid and slotted canopies. 

Solid canopies consist of a continuous area constructed from fabric gores (panels); in some cases, a central vent hole 
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is included. These characteristics lead the solid canopies to being less porous, and having higher coefficients of drag, 

making them more suited for main parachutes. On the other hand, slotted canopies include a multitude of slots and 

horizontal vents, and therefore higher porosities than sold canopies. The higher porosities decrease coefficient of 

drag, but also decrease the pressure within the canopy, which is desirable. This makes slotted canopies suitable for 

high speed drogue parachutes and clustered main parachutes. 

 When considering the design of this recovery system, only solid canopy geometries were considered. The 

slots/vents on the slotted canopies present a very significant fabrication challenge, due to the excessive 

stitching/seams.  

4.2.1 Main Canopy 

The most common solid canopy geometries are outlined in Error! Reference source not found.: 

For the main canopy, the “annular” geometry was chosen; this shape is essentially a hemisphere with a 

central vent hole, with suspension lines pulling down the vent hole. This pull-down vent or “pull-down apex” 

produces a torus-like shape, and a high coefficient of drag [1]. Compared to other shapes, the annular has a very low 

range of average oscillations, which means that the shape will produce a stable, straight descent. Additionally, the 

descent velocity that the main canopy will experience is well within the range that the annular shape can safely 

operate in.  

The cross shape was also considered for the main canopy. While the cross shape has a lower opening force 

coefficient, resulting in lower inflation (opening) shock forces, it also has a lower coefficient of drag, which is a 

Table 4.1. Common Parachute Shapes & their Characteristics [1] 

 CD Range Opening Force 

Coefficient 

Range of Oscillation(s) 

[angle] 

Practical Descent 

Velocity [Mach] 

Flat Circular 0.75 – 0.80 1.7 ±10⁰ to ±40⁰ [obsolete] 

Hemispherical 0.62 – 0.77 1.6 ±10⁰ to ±15⁰ < 0.5 

Conical 0.75 – 0.90 1.8 ±10⁰ to ±30⁰ < 0.5 

Annular 0.85 – 0.95 1.4 < 6⁰ < 0.5 

Cross 0.60 – 0.85 1.1 – 1.2 0⁰ to ±3⁰ < 0.5 

Table 4.1. Common Parachute Shapes & their Characteristics 
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critical factor for the main canopy. A high drag/weight ratio is key, and the cross shape does not fulfill this criteria to 

the extent that the annular shape does. The greater opening force that the annular shape will experience can be easily 

counteracted by the use of stronger canopy material.  

 

 

A rendering of the annular shape is presented below in Error! Reference source not found.. Also, the 

layout of the gore used to construct the shape is shown; the dimensions of the gore are based off the diameter of the 

parachute, which is dependent on the total surface area.  

 

 

 

 

 

 

 

Figure 4.1. Annular Canopy & Gore Layout  
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 While the central vent hole increases the porosity of the annular canopy, a feature that is normally 

undesirable on a main parachute, it is essential for the stability of the design. Without some porosity, an unstable, 

asymmetrical wake in the airflow would be produced behind the canopy, decreasing the stability and making the 

motion of the parachute unpredictable. This asymmetrical wake can be seen in figure (a) of the diagram below: 

As can be seen in part (b) of  

 

 

Figure 4-2 Effect of Canopy Porosity on Airflow [1] 
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Figure 4-2 Effect of Canopy Porosity on Airflow [1] 

 

, the presence of some porosity in the canopy produces a uniform wake, allowing the parachute to obtain a 

linear, stable descent. 

 There exists a negative correlation between descent velocity and coefficient of drag, which will be taken 

into account in steady-state descent calculations (section 4.3): 

Figure 4-1. Annular CD vs. Descent Velocity [1] 

 

                      Figure 4-3 Annular CD vs. Descent Velocity [1] 
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 The data in Figure 4-1 shows the drag coefficients for various sizes of annular parachutes; from this, a 

coefficient of 0.95 was chosen, for the final descent velocity of 20 ft/s. Due to the empirical nature of drag 

coefficients, this value must be used as a predictive tool only, and rigorous testing of the annular shape will need to 

be conducted, in order to determine an experimental coefficient that is more accurate.  

4.2.2 Drogue Canopy 

When considering the geometry of the drogue canopy, the main factors were its suitability for high speeds, and 

fabrication ease. The coefficient of drag was a secondary factor, because the drogue is intended to produce a 

relatively low drag force.  

 In most applications, slotted canopies are preferred for drogue parachutes. However, the descent velocity 

that the drogue will experience is 100 ft/s, which is much slower than the near-supersonic speeds that most slotted 

canopies are designed for. This consideration, along with the fabrication difficulty of slotted canopies, led us to only 

consider solid canopies for the drogue. Out of the most commonly used/tested solid canopies, only the cross shape is 

cited as suitable for a drogue parachute. Its ability to handle high speeds/air pressures is evident in its low opening 

force coefficient.  

 

 

 

Figure 4-4 Cross Canopy & Gore Layout [1] 
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 Error! Reference source not found. presents a visual representation of the cross shape; from the layout of 

the gore, it is evident that the fabrication process for a cross canopy will be relatively simple. This fabrication ease 

also lends itself to fewer stitching/seams, which decreases the loss of strength in the canopy material that will occur 

as a result of the fabrication process.  

 The drag coefficient of the cross shape can be approximated to be 0.60, at the descent velocity of 100 ft/s. 

This value is chosen in relation to tests #2 and #3 in Error! Reference source not found. because those tests were 

conducted with canopies that had diameters closest to the one that will be used in this application (<10 ft). Again, 

testing must be done in order to determine a more accurate coefficient of drag. 

 

 

 

 

 

 

Figure 4-5 Cross CD vs. Descent Velocity [1] 
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 Although the cross shape lacks a central vent hole, it has 4 pseudo-vents, one at each corner of the canopy, 

as shown in Error! Reference source not found.. The symmetrical placement of these side vents allows the airflow 

to stabilize the canopy, resulting in very low average oscillations, i.e. a stable and straight descent path:  

 

4.3. Dynamics 

4.3.1 Steady-State  

The “steady-state” of the parachute system occurs when the drag force produced by the system is equivalent to the 

weight of the system, resulting in a terminal velocity (this occurs after canopy deployment and inflation): 

𝐷𝑇 = 𝑊𝑇 ⟹  𝐷𝑃 + 𝐷𝐿 = 𝑊𝑃 + 𝑊𝐿  

(𝑡𝑜𝑡𝑎𝑙 𝑑𝑟𝑎𝑔) = (𝑡𝑜𝑡𝑎𝑙 𝑤𝑒𝑖𝑔ℎ𝑡) ⟹ (𝑝𝑟𝑎𝑟𝑐ℎ𝑢𝑡𝑒 𝑑𝑟𝑎𝑔) + (𝑙𝑜𝑎𝑑 𝑑𝑟𝑎𝑔)

= (𝑝𝑎𝑟𝑎𝑐ℎ𝑢𝑡𝑒 𝑤𝑒𝑖𝑔ℎ𝑡) + (𝑙𝑜𝑎𝑑 𝑤𝑒𝑖𝑔ℎ𝑡) 

 The total drag and total weight can be broken down into the individual drags and weights acting on the 

parachute and load (rocket body); however, in these preliminary calculations, the drag of the rocket body/load will 

be neglected, due to its insignificance in relation to the high drag of the parachute, and the weight of the parachute 

will be included under a preliminary assumption for dry weight. 

  

 

Figure 4-6 Airflow Interacting with a Cross Canopy [2] 

 



 

56 

 

 

 

If the total weight of the system is assumed, and a target terminal velocity is selected, the standard drag 

equation can be rearranged to solve for the surface area needed to produce the terminal velocity: 

 

1

2
∗ 𝜌 ∗ 𝑣2 ∗ 𝐶𝐷 ∗ 𝑆 = 𝑊𝑇   

𝑆 =
2 ∗ 𝑊𝑇

𝜌 ∗ 𝑣2 ∗ 𝐶𝐷
 

 

 This equation, along with the drag coefficients and operational air densities associated with the main and 

drogue canopies, has been used to determine preliminary surface areas of the canopies (a total dry weight of 60 lbs 

has been assumed), and the results are presented in Error! Reference source not found.: 

4.3.1.1 Fore-body Wake Considerations 

In most parachute applications, the airflow entering the parachute canopy is affected by the “fore-body”, the 

airborne load that is attached to the parachute; in this case, the fore-body is the rocket body. If the diameter of the 

fore-body is comparable, or even larger than the diameter of the parachute, the parachute will experience a 

significant decrease in drag, due to the large wake behind the fore-body; this makes it hard to determine the actual 

drag force that the parachute is producing. In this application, the drag decrease due to the fore-body wake will be 

neglected, because the ratio of the diameters of the rocket body and the main parachute is very low. In the case of 

the drogue parachute, this ratio is higher, but the use of relatively long suspension lines will allow the drogue to sit 

further back from the rocket body, and receive proper airflow [1].   

(4.2) [1] 

Table 4-2 Canopy Surface Area 

 
Air Density 

(slugs/ft3)  

Dry Weight 

(lbs) 

Desired Terminal 

Velocity (ft/s) 

Drag 

Coefficient 
Surface Area 

(ft2) 

Drogue 
0.00133  

(@ 10,000 ft AGL) 
60.0 100 0.60 ≈ 15.0  

Main 
0.00189  

(@ 1000 ft AGL) 
60.0 20.0 0.95 ≈ 167 
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4.3.2 Unsteady-State (Inflation) 

Type here. The “unsteady-state” of the parachute system occurs during the deployment and inflation stages of the 

parachute canopy. During this time, the canopy and suspension lines are subjected to shock forces, due to the rapid 

inflation of the canopy: 

 

 

This inflation shock force occurs during steps (e)-(g) in the diagram above; the inflation process as a whole 

occurs very quickly (the inflation time will be quantified in a following section). Determining this force is very 

important, because it will be used to determine the strength of the canopy material and suspension lines.  

Error! Reference source not found. depicts the forces on the parachute during inflation, shows that the 

inflation shock force, “FX” is of a much higher magnitude than the steady state force, “FC”, and the snatch force 

“FS”; the snatch force is a tension produced in the suspension lines, but it will not be considered here, due to its 

small magnitude relative to the inflation shock.  

 

Figure 4-7 Canopy Inflation Process [1] 
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To quantify the inflation shock force, the following equation is used:  

𝐹𝑋 = 𝐶𝐷 ∗ 𝑆 ∗ 𝑞 ∗ 𝐶𝑋 ∗ 𝑋1 

= (𝑑𝑟𝑎𝑔 𝑐𝑜𝑒𝑓𝑓𝑖𝑐𝑖𝑒𝑛𝑡) ∗ (𝑐𝑎𝑛𝑜𝑝𝑦 𝑠𝑢𝑟𝑓𝑎𝑐𝑒 𝑎𝑟𝑒𝑎) 

∗ (𝑑𝑦𝑎𝑛𝑚𝑖𝑐 𝑝𝑟𝑒𝑠𝑠𝑢𝑟𝑒) ∗ (𝑜𝑝𝑒𝑛𝑖𝑛𝑔 𝑓𝑜𝑟𝑐𝑒 𝑐𝑜𝑒𝑓𝑓𝑖𝑐𝑖𝑒𝑛𝑡) ∗ (𝑓𝑜𝑟𝑐𝑒 𝑟𝑒𝑑𝑢𝑐𝑡𝑖𝑜𝑛 𝑓𝑎𝑐𝑡𝑜𝑟) 

 “q”, the dynamic pressure, is equivalent to:  
1

2
∗ (𝑎𝑖𝑟 𝑑𝑒𝑛𝑠𝑖𝑡𝑦) ∗ (𝑣𝑒𝑙𝑜𝑐𝑡𝑖𝑦)2 [this variable was also present 

in the steady-state drag equation]; the opening force coefficient “CX” can be procured from the table in section 4.2.1; 

“X1”, the force reduction factor, is a function of the loading of the canopy (weight of load/canopy surface area), and 

can be found from Error! Reference source not found.: 

(4.3) [1] 

 

Figure 4-8 Inflation Forces vs. Time [1] 

 

 

Figure 4-9 Force Reduction Factor vs. Canopy Loading [1] 
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Using these values, an approximation for the inflation shock force on the main parachute canopy can be 

found. The results of this calculation can be found in Error! Reference source not found.. This calculation will not 

be performed on the drogue chute, because the dynamic pressure near apogee will be insignificant, resulting in an 

insignificant inflation shock force.  

 

The time the main canopy takes to fully inflate can also be quantified. The filling distance of a parachute canopy, 

“sf”, is a function of the projected (inflated) diameter, and is dependent on the length of the suspension lines.  

The filling constant, “n”, can be solved for, then used in the following equation to determine the inflation time 

of the canopy [1]:  

𝑡𝑓 =
𝑛 ∗ 𝐷𝑜

𝑣
 

(𝑓𝑖𝑙𝑙𝑖𝑛𝑔 𝑡𝑖𝑚𝑒) = (𝑓𝑖𝑙𝑙𝑖𝑛𝑔 𝑐𝑜𝑛𝑠𝑡𝑎𝑛𝑡) ∗ (𝑛𝑜𝑚𝑖𝑛𝑎𝑙 𝑑𝑖𝑎𝑚𝑒𝑡𝑒𝑟)/(𝑑𝑒𝑝𝑙𝑜𝑦𝑚𝑒𝑛𝑡 𝑣𝑒𝑙𝑜𝑐𝑖𝑡𝑦) 

In this equation, the nominal diameter is distinct from the projected/inflated diameter. In the following 

calculation however, they will be assumed to be equivalent, because both the nominal and projected diameters are 

highly dependent on the final constructed shape of the canopy; this assumed diameter will be found from the surface 

area calculated in section 4.3.1. Also, the length of the suspension lines will be assumed to be twice the length of the 

projected diameter:  

(4.4) [1] 

Table 4-3 Main Canopy Inflation Shock Force 

Drag 

Coefficient  

Surface Area 

(ft2) 

Dynamic 

Pressure (lbs/ft2) 

Opening Force 

Coefficient 

Force Reduction 

Factor 

Inflation 

Shock Force 

(lbs) 

0.85 (@ 100 

ft/s) 
167 9.43 1.40 0.05 ≈ 93.9 

 

 

Figure 4-10 Filling Distance [1] 
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4.4. Deployment 

4.4.1 Ejection Charges 

In order to deploy the parachutes, excessive pressure must be produced within the recovery compartments 

in order to separate the rocket body, exposing the parachute to the airflow. This high internal pressure can be 

achieved using the rapid expansion of gas. The most common method of creating internal separation pressure is 

detonating small black powder charges. These charges are reliable and used extensively by the aerospace industry 

and hobbyists. However, they leave residue inside the rocket body, and they have the potential to burn (unprotected) 

parachute canopies. Additionally, the combustion of black powder is known to be inconsistent at altitudes exceeding 

20,000 feet.  

 An alternative to black power is pressurized carbon dioxide gas. This method leaves the rocket body 

residue-free, and does not endanger the parachute canopy. However, a CO2 system is much more expensive, and is 

harder to obtain and test. For this application, black powder charges will be used, due to their reliability, and the 

wealth of information available about them. Inconsistent combustion will not be a concern, because the charges will 

be detonated at a maximum altitude of 10,000 ft.  The type of black power used will be “4F”, or “very fine”; this 

type is cited as the most effective in terms of reliability and pressure created.  

 To determine the amount of black powder detonated, the following manipulation of the ideal gas equation 

will be used: 

𝑊𝑝 =   
(𝑑𝑃 )( 𝑉)

(𝑅) (𝑇)
  

“dP”, the target pressure, will be the key value in this equation. The target pressure will be determined based on 

the free volume within the recovery compartment (space not taken up by the packed parachute canopy), the size of 

the bulkheads at the ends of the compartment, and the strength of the shear pins that will keep the rocket body 

together until the time of deployment/separation.   

 

(4.5) [3] 

Table 4-4 Main Canopy Inflation Time 

Filling constant  
Nominal 

Diameter (ft) 

Deployment 

Velocity (ft/s) 
Filling Time 

(s) 

1.94 14.4 100 ≈ 0.28 
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 Error! Reference source not found. shows how the ejection charge will be set up inside the recovery 

department: 

 

A cylindrical aluminum canister will provide the housing for the packed black powder, which will be 

packed tightly by surgical tubing. This canister will be attached to the recovery bulkhead, in-between the U-bolts. 

The canister will have a height of 1.5 in, and inner diameter of 1.00 in and an outer diameter of 1.25 in; the internal 

volume is roughly 0.98 in3, holding a maximum of 16 grams of black powder. The rockwool (loose store-bought 

insulation) will provide some protection to the parachute canopy, by controlling the expansion of hot gasses, and 

containing any high velocity debris. Two canisters will be used on the recovery bulkhead, to provide redundancy 

and increase the reliability of the system. A model of the proposed canister is shown below:  

 

Figure 4-11 Ejection Charge Configuration 

 

 

Figure 4-12 Canister Model 

 

 

Figure 4-13 Full Assembly w/Bulkhead 
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4.4.2 Parachute Packing 

Proper packing of the parachutes ensures that the parachutes inflate uniformly and reliably, as well as 

decreasing the volume needed inside the rocket body to store the canopy prior to deployment. The simplest, and 

least error prone packing method is the “fold-and-wrap” method; as the name implies, the canopy is folded, and 

wrapped by its suspension lines, in a manner that allows quick deployment [1]. The drogue will be packed with this 

method. 

 However, for the large main parachute, the “fold-and-wrap method” is not sufficient; instead, a deployment 

bag will be used. This bag completely encloses the parachute canopy, and prevents the inflation of the canopy until 

the suspension lines are fully extended. During the deployment of a parachute, the suspension lines will undergo 

tension “snatch” forces, which are a result of the recovery system being accelerated by the surrounding airflow. If 

the canopy inflates before the suspensions lines are fully stretched, a very large snatch force could be created, 

placing large stresses on the suspensions lines and the skirt (leading edge) of the canopy. To avoid this, “line-first” 

deployment is preferred, which can be achieved with a deployment bag [1]. The deployment bag that will be used, a 

5.5” x 13” bag made by Fruity Chutes, is shown below: 

This device is relatively simple to implement, but testing will need to be conducted, in order to ensure that 

the performance of the deployment bag is consistent. Another necessary component related to the packing of the 

canopy is a Nomex sleeve. This fire-retardant sleeve will partially surround the packed canopy, protecting it from 

the hot gases produced by the ejection charge.  

4.4.3 Shockcord & Tether 

Type here.  

 

Figure 4-14-2 Fruity Chutes Deployment Bag 
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4.5. Materials 

4.5.1 Canopy Materials 

Type here. Although there exist many different fabrics that could be used in this application, the materials relevant 

to our scale and needs are Nylon, Dacron, Nomex, and Kevlar. Their properties are compared in Error! Reference 

source not found.: 

 

 

 

 

 

 

 

 

 

 

 

 

 

 Due to nylon’s high-strength to weight ratio, and its relative price point, it was chosen for the parachute 

canopies. Although Dacron is slightly stronger than nylon, its higher price and limited selection just not justify its 

selection. Nomex, a very heat-resistant material, is weaker and heavier than nylon. Kevlar can be up to 2-3 times 

stronger than nylon, but it is very expensive, and its strength is unnecessary for this application.  

 Additionally, the wide availability and large selection of nylon fabrics makes nylon very attractive for an 

engineering application in which time and funding constraints are present.  

 

4.5.2 Material List 

Type here.  
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4.6. Fabrication & Testing  

4.6.1 Fabrication 

Both the main and drogue parachutes will be manufactured commercially. The ejection canister will be 

fabricated out of aluminum tubing with the appropriate inner and outer diameters. All other components will be 

purchased as-is.  

4.6.2 Testing  

Type here.  

4.7. References 

1Knacke, T.W.. Parachute Recovey Systems Design Manual. Naval Weapons Center, China Lake, 1992. Print. 
2Mosseev, Yuri, "Parachute Lab: Computer-Aided Simulation & Design” [http://www.mtu-

net.ru/mosseev/pl/paralab.htm  Accessed 10/30/14.] 
3Apke, Ted, “Black Powder Usage”. Rocketry Online. [http://www.info-central.org/?article=303 Accessed 10/29/14.] 

  

Table 4-5 

Part Material Rated Strength 

Parachute Canopies 
Ripstop Nylon, 210 

Dernier 
130 lbs warp/fill 

Shock cord Kevlar Cord 1500 lbs 

Suspension Lines Kevlar Cord 500 lbs 

Swivel Steel 1580 lbs 

Deployment Bag Kevlar Thread 4 lbs 

Ejection Canister   

“Quick Link”   
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5. Electronics and Instrumentation 

5.1. Objective  

The objectives for the development of the electronics portion of this project are to support payload 

functionality, develop a remote engine testing and launch relay system, provide invaluable data for future iterations 

of this rocketry team, and to ensure that the flight computers used meet the requirements of the competition and 

operate properly. 

5.2. Sensors and Instruments 

5.2.1 Sensors 

This section will cover the selection of two different sets of sensors, those to be used to collect data during 

flight and are incorporated as part of the payload, and those to be used for engine testing. The sensors selected to 

collect launch data were reviewed and picked for factors including ease of use, stability in extreme conditions, price, 

and compatibility with microcontrollers. The sensors selected for engine testing were selected on the basis of 

reliability, stability in extreme conditions, and price. 

Testing Sensors 

The propulsion team desires information on how the engine is performing from ignition to burn out. The 

information gathered from testing the scaled down prototype engine will allow the propulsion team to analyze the 

preliminary design, and data gathered from testing the final engine will help them to develop a thermodynamic 

model specific to our engine. Temperature readings are a good indicator of the performance of the engine. 

Temperature measurements will be taken near the exit of the nozzle, outside of the combustion chamber and in the 

plumbing. XC series ceramic braided thermocouples able to function at temperatures up to 2200o F will be used to 

gather the temperature data. 

The propulsion team also desires information on the mass flow rate of the oxidizer. To address this, a “T” 

in the plumbing will allow for a 2,000 psi pressure transducer to be used to measure the pressure of the oxidizer. 

Temperature data on the body tube outside of the combustion chamber and Nitrous Oxide tank are desired 

to characterize the temperature conditions that the engine produces inside the rocket. Glass braided K type 

thermocouples were chosen for these sections of the rocket because of the wide range of temperatures they are able 

to measure with accuracy. MAX31855 amplifiers will be paired with the thermocouples in order to obtain more 

accurate and significant readings as well as provide a temperature reference node to quantify temperatures. This 

thermocouple and amplifier combination is rated to accurately gauge temperatures up to 900oF. 
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Flight Sensors 

Vibrational frequency and amplitdue of the payload bay and of the rocket body tube will be measured using 

two single-axis piezo-vibration sensors to measure the transverse vibration on each body. The Minisense 100 Piezo-

Vibration sensor was chosen because it is shock resistant, low cost, and proven to perform in electronic applications 

similar to our own. The voltage produced by this sensor varies linearly with acceleration, making calibration, data 

processing and acquisition simple. The analog to digital sampling rate of the beaglebone black could prove 

problematic in acquiring the data, however, if this turns out to be the case, an external analog to digital converter can 

be used to increase the sampling rate and ensure proper data collection. 

Single-axis Spectra Symbol bend gauges will be used to measure strain on the loading bearing bulkheads of 

the rocket. The bend sensors act as variable resistors, therefore amplification may be necessary in order to obtain 

meaningful readings. Testing of all sensors will take place in order to confirm that they will behave predictably in 

the anticipated environment and conditions. 

The team as a whole would like to have live velocity, acceleration, and altitude data on the ground, so a 

microcontroller friendly Razor 9DOF IMU will be purchased to send this data to a ground computer utilizing a radio 

module. The XBee Pro 900 RPSMA Radio was chosen for this task because it is verified to transmit data for 

distances up to 6 miles and is well reviewed in microcontroller electronics circles, as well as being easily interfaced 

with the Razor IMU. 

A Tamarisk 320 infrared camera was donated to the team by DRS Technologies Inc, and will be in use 

throughout the flight to capture footage of the exhaust at the base of the rocket to observe and record data about the 

dynamics of the rocket engine and plume temperature distribution. 

Switching voltage regulators will be used to step down the voltage from our battery. The regulator designs 

are rated for much more than our expected current draw and will be very efficient in providing energy to all 

electronics, extending battery life and lowering waste heat and chances of issues related to components overheating 

or burning out.  
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The figure shown below outlines how all sensors for flight will be set up and wired. 

 

  

5.2.2 Flight computers and Parachute Logistics 

Two independent flight computers will be used to control recovery in accordance with ESRA rules. The 

primary flight computer is a G-Wiz HCX. The G-Wiz was selected for its accuracy, four programmable pyros, and 

it’s barometric and accelerometer based altitude sensing. The backup flight computer selected is the 

StratoLoggerCF. This computer is reasonably priced and includes two programmable pyros, it is also capable of 

recording additional data, such as temperature and battery voltage, throughout the flight. Each computer has been 

confirmed through the user manual to function properly with the vibrations associated with a hybrid motor. Both 

computers are programmed using their own proprietary software that includes an easy-to-use graphical user 

interface. The StratoLoggerCF will be powered with a single 9V Duracell battery while the G-Wiz will be powered 

with two, this additional power is required for the more powerful CPU and the additional pyros found in the G-Wiz. 

The selection and specifications of these batteries will be explained further in section 5.4.2 "Selection Process." 

 

 

Figure 5.1. Payload Monitoring System Diagram 
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The flight computers will be programmed to follow the sequence of events outlined as follows: 

 

 

5.2.3 GPS 

A GPS module will be used in the recovery stage of the flight. As ESRA rules require, every rocket must have 

a GPS locating device, in order to lower the time it takes for each team to recover their rocket and clear the range. 

The selected GPS module is the BeeLine 70 cm GPS module made by Big Red Bee. It is a small, high power 

module that wirelessly transmits coordinate data via VHF radio. It has a maximum altitude of 250,000 ft and a line 

of sight radio range of 20 miles. The GPS module has a programmable sample rate, which has a default setting of 1 

reading per second, and records longitude, latitude, altitude, GPS time, and number of satellites in view. At one 

reading per second, the GPS module can store up to two and a half hours of data.  

 

Figure 5.2. Parachute Logistics 
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To collect the radio data, a small, handheld VHF radio will be used. This handheld radio will receive the 

coordinate data and transmit it to a computer via 3.5 mm audio jack. The computer will be running a data acquisition 

program that will interface with the computer’s sound board to turn the audio signal into GPS coordinates. 

5.3. Computing and Programming 

 The BeagleBone Black was selected for computing purposes over other microcontroller options primarily 

for its computational power, easy to use interface, low price point, and the fact that the rocketry team already owned 

and had experience with one. 

All programming for the project will be done in the Python programming language. Python has many 

different tools, libraries, and resources for scientific computing and data science needs. The amount of support for 

scientific Python usage is massive and will aid in sensor development.  

We will be using the Linux operating system which comes native with the BeagleBone Black. Although 

Linux is not a real time operating system, the lag in data acquisition is expected to be negligible for our sensing and 

testing needs for this project since none of the data processed by the beaglebone will be transmitted live. 

The Pycharm Python IDE and Notepad++ text editor will be used to write programs as they have ease of use 

features that will allow programmers of any experience level to produce functional and meaningful solutions for 

data transmission, manipulation, and storage. 

5.4. Power  

5.4.1 Introduction 

        This section of the report will detail the battery selection process; including special considerations for our 

operating environment, power consumption analysis, candidate selection and then finally battery selection.   

5.4.2 Selection Process 

Brand new single-use 9V Duracell batteries will be used to power our flight computers because returning the 

rocket to the ground in re-flyable condition is of the upmost importance and dry-cell batteries tend to be more 

dependable than rechargeable batteries. This is true because dry-cell batteries have a much slower self-discharge rate 

than rechargeable batteries and there will be no doubt that the dry-cell battery is fully charged when it is used. This 

leaves a lot less room for human error. A full Duracell 9V battery should be able to power the CPU of either of the 

flight computers for up to 155 hours under ideal conditions and neglecting self-discharge rates. 
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A rechargeable Nickel Cadmium battery will be used for our GPS device. The team will have to take extra 

precaution to ensure that the battery is fully charged just before every launch to ensure that our rocket will be 

recovered. Full batteries should last six to eight hours, depending on the GPS sample rate. 

Determining the battery needed for the payload electronics was not as simple of an obstacle. A power-

consumption analysis and outline of the specific operating conditions inside of the rocket was conducted.  

After a thorough analysis of the operating conditions and the physical constraints in the rocket, it was 

determined that three special considerations would affect our battery selection the most. The first consideration was 

heat performance. Batteries use special chemical processes to store and deliver power, and these chemical processes 

are often strongly affected by the ambient operating temperature. The second consideration was the size available. 

Due to a limited rocket diameter, and limited vertical space allocation for electronics and payload, it became 

imperative that size would be a critical deciding factor in battery selection. The third condition was available weight. 

Every pound is critical in rocketry, especially in the design of a rocket for a competition where a 10 lb payload must 

be lifted to 10,000 ft AGL. 

In order to confront the first unique condition found in the operational analysis, research was conducted to 

identify battery chemistries that fared well in high-temperature conditions. It was found that many types of battery 

chemistry have favorable high-temperature performance. Of these types, three stood out.  

The first candidate for battery selection was the lead-acid battery. Lead-acid batteries are very common for 

high-power applications, and are typically found in automotive applications because of their high-power output and 

good high-heat performance. Because they are so common, lead-acid batteries also proved to be the cheapest option, 

at approximately $0.34 per Watt-hour. However, the lead-acid battery also proved to be the least energy dense at 

approximately 15.40 Watt-hours per pound. The low energy density ultimately proved to be the demise of the lead 

acid battery. 

The second candidate for battery selection was the nickel cadmium type chemistry. Nickel cadmium based 

chemistry provided the most heat resistant of all the final three candidates. However, the nickel cadmium type 

chemistry proved to be the most expensive of the three options at $1.76 per Watt-hour, and the second most energy 

dense, at 21.32 Watt-hours per pound. The biggest factor against the nickel cadmium battery stems from its common 

use on low-power consumer electronics. Because of its tight niche in the power supply market, high power nickel 

cadmium batteries are very uncommon and very expensive. The common maximum current draw from a nickel 

cadmium battery is between 500 milliamps to 1.2 amps, and a maximum power rating of around 11 Watt-hours. This 

is ultimately what led to the elimination of the nickel cadmium battery. 

The third candidate for battery selection, and the chemistry type that was chosen to be the main power source 

of our rocket electronics, is the lithium-iron-phosphate. The lithium-iron-phosphate battery belongs to the ever-
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evolving lithium-ion battery family, and performs the best in heat out of all lithium-type batteries. It does not, 

however, have the same high temperature performance of the nickel cadmium type battery. The lithium-iron-

phosphate battery came in at a relatively expensive price of $1.40 per Watt-hour, and a very dense 50.8 Watt-hours 

per pound. The good heat performance and high energy density contributed most to the selection of the lithium iron 

phosphate type battery. 

5.4.2 Battery Specification Selection 

Once all of the on-board electronics had been chosen, a power-consumption analysis could be conducted. The 

results of which can be found in Table 5.2.  

 

When selecting a voltage value for the battery, two guiding specifications were used: the voltage of the battery 

must be higher than the required voltage for any one component, and one of the commonly available voltages must 

be used. After investigation, it was determined that twelve and nine volts were among some of the most common 

voltages for high power batteries. From here, it could be observed that the twelve volt batteries had more appropriate 

maximum current flow and maximum power ratings for our application.  

When selecting the final battery, the power consumption analysis was used. As seen in table 5.1, the battery 

must have a maximum current flow of at least 5.5 amps. Next, it was decided how long the battery was to power the 

on-board electronics. Due to the potentially long wait during pre-launch procedures, it was assumed that the battery 

would need to provide two hours of power. Based on this time estimation and the power needs of the rocket, a 

battery with a power rating around 80 Watt-hours would be required. The actual chosen battery has a power rating 

of 84 Watt-hours at 12.8 nominal Volts. It costs $105, has dimensions of 4.9” x 2.6” x 3.1” and weighs 2 pounds.  

Table 5.5-1. Flight component power consumption specifications 

Component  Voltage (V) 
Amperage 

(A) 
Power Quantity 

Thermocouple 3.3 0 0 3 

IMU 3.3 0.006515152 0.0215 1 

Voltage 
Regulator 12 2.075 24.9 4 

Strain Gauge 5 0.2 1 2 

Piezovibration 0 0 0 4 

Radio 3.3 0.21 0.693 1 

IR Module 5 1 5 1 

BeagleBone 5 2 10 2 

Total - 5.491515152 41.6145 18 
 

    

    

    

    

    

    

    

    

    

    
 

     

      

      

      

      

      

      

      

      

      

 

 

Table 5.2. Flight component power consumption specifications 

Sensor Voltage Amp Draw Power Flight Quantity 



 

72 

 

 

 

5.5. Electronics Bay Assembly and Wiring  

5.5.1 Assembly 

The electronics bay assembly will be constructed to allow the electronics to be removable, secure and 

accessible once placed in the rocket. The flight critical electronics, those which are 

responsible for deploying parachutes, must be inspected prior to launch to ensure all 

wiring and components are securely connected per the competition rules. The 

electronics bay will also be pressure equalized, so as to allow the barometric 

pressure sensors accurate pressure readings. In order to allow the pressure 

equalization, there will be holes machined in the body of the rocket near the 

electronics bay assembly. Per the suggestion of Tripoli advisors and research 

conducted, four ¼ inch holes will be equally spaced around the rocket. These holes, 

combined with the non-perfect seal created by the polycarbonate covers over the 

electronics bay, should allow the electronics section of the rocket to be at the 

ambient atmospheric pressure. 

The assembly, shown in figure 5.3, will consist of three circular disks 

oriented horizontally and stacked vertically to form platforms along the length of the 

rocket. The disks will be made from plywood and will be machined to include holes 

and mounting hardware. The platforms will be secured by running three threaded 

rods through each platform and attaching hex locknuts on the upper and lower 

surface of each disk. The all-thread rods will be made of low-strength steel of ¼ inch 

diameter.  

The lowest platform will house the batteries for all electronics, which will include brackets and battery holders 

to secure the components. The middle platform will be secured directly above the batteries, and will include a 

wooden plate mounted perpendicular to the upper surface of the platform, thereby allowing components to be 

mounted vertically, as required by the flight computers.  This design is very robust and allows enough room to 

securely mount all components. Once the team has purchased all electronics the arrangement and positioning of 

them may change. 

5.5.2 Wiring 

All wiring and connections of electronics, with an emphasis on those which are critical to flight function, will 

adhere to all rules outlined by ESRA. All wire will be copper stranded, insulated and a minimum of 22 AWG. All 

wire connections will be terminated in a screw-type or crimp-type terminal block or be soldered to components 

which have built-in solder terminals. All individual wires will be fastened together, through the use of zip-ties every 

2” of wire in order to form a wiring harness. The payload wiring harness will remain separate from the critical flight 

  

Figure 5.3. E-bay CAD Model 
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harness. All components connected by either harness, will be rigidly secured to the structure. Finally, all dry cell 

batteries will be properly secured to the structure using battery holders and will use the terminals provided by the 

holder and all gel cell batteries will be clamped to the structure and use “Quick Disconnect” terminal connectors.  

5.6. Testing 

So far no testing of the electronics has been conducted, but three main tests are planned for the near future. 

First off Parachute deployment tests will be performed, and are actually required by the ESRA as a deliverable in the 

form of a video. The test will be performed by fooling the main flight computer into triggering parachute 

deployment. Secondly, the sensor array and radio module to be used in the rocket will be tested during engine tests 

in order to realize any complications prior to launch. Finally, data transmission through the polycarbonate body tube 

section is planned in order to determine the range of the GPS and radio module inside of the rocket. 

5.7. Remote Engine Testing and Launch Relay Systems 

A 4-computer Ethernet system is currently being used as the remote engine testing system, where the first 

two computers are located at the test site and the third and fourth computers are located in a control room a safe 

distance away from the test site. The first computer is connected to a NI relay module and the second computer is 

connected to an NI DAQ module. The third computer is connected to the first computer using an Ethernet cord and 

is used to control all filling, venting, and ignition relays from the control room as seen in figure 5.4. The fourth 

computer is connected to the second computer using an Ethernet cord and is used to view and collect pressure and 

load cell data from the control room.  
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The need has arisen for a portable relay system that can replace the current engine testing system. This need 

stems from a desire to be able to perform both a test flight at 1,500 ft away from the rocket in Hearne, TX and a 

competitive flight at 250 ft away from the rocket in the salt flats of Utah. The solution devised is a system that has 

been named the “Portable Relay System” and it can be seen below in figure 5.5. The portable relay system consists 

of an array of 8 relays and 8 A/D ports that can be linked to a laptop via 2 x-bee radios at a distance of up to 1 mile 

line of sight. This is a product currently being manufactured by a company called relay pros. Their relay system and 

software will allow the team to control all filling, venting, and ignition events as well as to view load cell and 

pressure transducer readings at the proper distance from the rocket wirelessly. Load cell readings will be used to 

determine how much nitrous has been put into the onboard oxidizer tank and pressure transducer readings will be 

used to monitor the helium pressurization. 

Figure 5.4. Engine Testing Relay System Diagram 
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Figure 5.5. Portable Relay System Diagram 
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6. Payload 

6.1. Objective  

The purpose of the payload is to attain a scientific or technical achievement which is unique to this 

competition. Furthermore, per rules outlined for this competition, the payload is to weigh a minimum of ten pounds 

and remain independent of the rocket dynamics. This section outlines the design of the payload. 

6.2. Design Considerations 

To achieve the objective outlined for the payload, several aspects were considered in the conceptual design. In 

addition to adhering to the rules set in place by the competition, the payload is expected to be of quality 

constructability--given our budget and time considerations, and to provide scientific merit which is relevant to the 

Texas A&M Rocketry Team specifically, all while remaining within the size constraints determined by the structure. 

In order to establish the Texas A&M team's presence, and to increase our chances for success, special attention was 

given to ensure that the payload would stand out among others at the competition. To give the payload this desired 

uniqueness, the team sought the involvement of an external organization or sponsor which had an interest in 

outreach with our program, specifically a desire to become involved with our payload. By acquiring external 

involvement, the entire team becomes eligible for additional rewards at the competition.  

The team developed and analyzed several designs for the payload while contacting professors and business 

representatives to act as an external sponsor. Designs meeting all of the aforementioned criteria were limited in 

number, two designs were developed which featured an external sponsor that was interested in committing to the 

team. One of these featured the use of a Tamarisk 320 infrared camera to monitor the exhaust plume of the rocket, 

which had been donated from DRS Technologies, Inc. Unfortunately, this design alone would not meet the weight 

requirements. The other sponsorship came in the form of a commitment from a professor in the aerospace 

engineering department at the University of Sydney. Dr. Xiaofeng Wu and his student team have designed a custom 

made 2U CubeSat for their own project and will be used as the payload of the rocket. Dr. Wu will be providing his 

completed satellite and P-Pod containment system, which will be incorporated into the payload. The CubeSat and P-

Pod enclosure will be contained within the payload bay and will be assessed for flight-readiness under our flight 

conditions. The 2U CubeSat measures 3.94 x 3.94 x 7.88 inches and weighs 2.43 pounds and the P-Pod enclosure, 

which will be 3D printed, measures 4.80 x 4.80 x 10.57 inches with chamfered corners and weighs 3.97 pounds. To 

assess the flight-readiness of the CubeSat, an array of sensors will be implemented by the team. These sensors, 

which are detailed in the instruments portion of this document, section 5.2, will allow the University of Sydney team 

to assess the performance of their satellite. The satellite will be entirely fabricated and tested by Dr. Wu’s team, 

while the electronics and instrumentation for the payload will be entirely developed and tested by the Texas A&M 

team, as outlined in Section 5. 
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Figure 7-1 Rocket Length 

 

 

 

7. Vehicle Structure 

7.1. Objective 

The structure of the rocket must withstand all of the forces involved in lift-off, recovery, and touch down. 

The main structure of the rocket is the body tube, which surrounds all of the internal components. Between each 

body tube section are connectors. In the higher stress areas and in the areas where the body tube needs to be 

separable, such as the top of the engine and where the parachute attaches to the rocket, bulkheads will be used to 

transfer the force to the stronger body tube. The approach taken by the structures team was to first determine the 

correct material for each part of the rocket based of the parameters explained in each of the following sections. After 

the material was chosen, the pieces were designed to be able to withstand the forces they will see during the entire 

flight of the rocket.  

7.2. Body Tube 

 

 

The main focus when designing the body tube was to provide structural strength throughout the entirety of the 

rocket, while minimizing weight. Materials were analyzed on strength to weight ratio, cost, and ease of 

manufacturing. Carbon fiber was found to offer the best strength to weight ratio, as well as be the lowest cost to the 

team, since it was donated. The total rocket length is to be 10 feet composed of 4 carbon fiber sections and one 

aluminum and polycarbonate section (Error! Reference source not found.).  
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7.2.1. Structural Analysis 

When materials were first being selected Ashby charts shown in Figure  and Figure  were referred to in order 

to select a material that maximized strength while minimizing weight. This further reinforced our choice of carbon 

 

Figure 7-2 Choosing Materials Young’s modulus – Density5 

 

 

Figure 7-3 Choosing Materials Strength – Density5 

 

7-4 
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fiber for the majority of the body. Carbon fiber has superior strength in the longitudinal direction but has very little 

shear strength. To compensate for that a +45°/-45° weave was chosen because it offered ample tensile strength but 

also added shear strength to the material. Table 7-1 shows the losses and gains in tensile, compression and shear 

strength and modulus when a +45°/-45° weave is compared to a 90°/0° weave. With the loss in tensile and 

compression strength and modulus there is still a required thickness of 0.0004in which is less than the actual 

thickness of the filament to be used. The large 

increase in shear strength and modulus leads to the 

carbon fiber behaving more like a metal when 

compared to additional weaves (Figure ). The added 

shear strength comes with little sacrifice and adds 

the all around structural strength that the rocket needs. An additional layer will be added onto each body tube to 

ensure that all holes occurring during the weaving process will be filled. This adds more weight, but also increases 

our factor of safety and reliability.  

For the electronics bay a special request was by 

the electronics bay that a material be used for the body 

tube that allowed electronic signals to be transmitted. 

Because carbon fiber blocks all these signals another 

material had to be selected. Materials were analyzed 

by based on heat tolerance, strength and 

manufacturability. An external cover of polycarbonate 

was selected because it adhered to all the above 

criteria. However polycarbonate was still questionable 

due to the uncertainties of the conditions experienced 

during flight, so an internal structure of aluminum was 

designed to take the load of the forces while in flight. The polycarbonate is to act only as cover to improve 

aerodynamics, reduce weight, and allow electronic transmittance. Aluminum was selected as an internal load 

bearing structure because of its high strength and fabrication abilities. Analysis on the critical force for Euler’s 

buckling equation with a fixed-fixed end condition, tension, and compression was used to determine that a minimum 

surface area of 0.0394in2 was required, so three 0.5in x 0.125in aluminum rods will be welded to either bulkhead to 

provide the inner load bearing structure needed.  

7.2.2. Manufacturing Plan 

To manufacture the body tube a filament winder Figure 

7-6) will be used with Toray T700S 24k carbon fiber. A 

cardboard tube will be placed in the filament winder as a 

 

Figure 7-6 Filament Winder 

 

 

 

Figure 7-5 Carbon Fiber Weave Comparison1 

 

Table 7-1 Carbon Fiber Weave Comparison 



 

80 

 

 

 

frame for the filament to be wound on. The filament will be coated in 

epoxy as it is wound around the cardboard tube. A high temperature 

epoxy will be used on the body tube components that will house the 

combustion chamber and any other high temperature parts of the 

engine. An epoxy that is easier to manufacture with and has a lower 

glass transition temperature will be used on the remaining body tube. 

As stated above one layer of carbon fiber is strong enough to support 

the loads placed on the system, but two layers will used. The second 

layer will have the same +45°/-45° weave and will be used to cover 

any inconsistencies the filament winder may have produced, as well 

as add thickness which will make the body tube easier to attach to other components such as the fins and bulkheads.   

The electronics bay will be manufactured by welding the internal 6061 aluminum rods to the bulkheads on 

either side of the electronics bay. The three rods will provide sufficient support and leave very little to no forces on 

the polycarbonate covers. The polycarbonate covers will start as a 

sheet then will be thermoformed to half a cylinder with a radius of 

bend of 3.25in. The sheet will be heated to 350˚F-360˚F where the 

polycarbonate will become malleable then it will be placed on a 

mold where it will be allowed to cool. The molds will be 0.007in 

larger in radius to account for shrinkage during the cooling 

process2. Figure 7-7shows a completed model of how the 

electronics bay will be constructed. To attach the polycarbonate covers to the bulk heads screw in rivets will be used 

with a #6 machine screw, washers will be on either sides of the polycarbonate to reduce vibrations and stress placed 

on the covers. A diagram is shown in Figure .  

 

 

 

 

 

 

 

 

 

Figure 7-7 Electronics Bay 

 

 

 

Figure 7-8 Polycarbonate Connections 
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7.3. Fins  

The main requirements for the fins are maintaining structural integrity during high-speed flight, resisting fin 

flutter, low weight, and low cost. To best achieve these requirements, the fins will be a carbon fiber - foam sandwich 

structure. This sandwich structure was chosen because it allows for optimal strength to weight ratio as shown in 

Figure 7-9 below.  

The high strength of this structure comes from the carbon fiber while the low weight comes from the foam. The 

combination of these two materials is also helpful in resisting fin flutter. This is because both the carbon fiber and 

the chosen foam have a very high stiffness. Fin flutter is an important aspect of rocket flight that was a key 

consideration in the design and material selection of these fins. If fin flutter becomes too excessive the fins could rip 

off the rocket. By building the fins out of a material with high stiffness, the fins become more resistant to fin flutter, 

but by building the material out of two different materials with high stiffness, it is harder for the vibrations of fin 

flutter to reach the resonance frequency that could also rip the fins off the rocket. By accounting for all of these 

scenarios, the design for the fins satisfies the need for maintaining structural integrity at high speed. The fins are 

shown in Figure 7-10 Solidworks model of the fin below. 

 

          Figure 7-9 Chart of the strength vs density of varying proportions of carbon fiber to foam 
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7.3.1. Materials 

The face of our fins will be made from plain weave carbon fiber cloth from Fibre Glast. Similar to the reasons 

stated for the Body Tube, carbon fiber will be used here because it has the highest stiffness and strength to weight 

ratio compared to other materials such as metals (aluminum and steel), composites (fiberglass and kevlar), or wood 

(balsa or plywood) as shown in Table 7-2 below. 

This table shows how the carbon fiber has higher properties that are needed to ensure a structurally sound 

rocket. In addition, materials like Kevlar and metals such as aluminum are much heavier than carbon fiber therefore 

decreasing their usefulness towards high-powered rocketry. A plain weave for the carbon fiber is important because 

it exhibits higher material properties than twill, satin, or other weaves because the fiber strands are more tightly 

woven. This is important to help resist the fin flutter forces that occur in varying directions due to the varying 

contour of the fin surface. The carbon fiber in cloth form is necessary because it is difficult if at all possible to 

filament wind airfoils. Also carbon fiber plates or blocks are not structurally or cost efficient for our purposes.  

Inside the resulting plain weave carbon fiber cloth plates will be a high density foam core. Foam in general 

was selected due to its lower density than carbon fiber or other potential core materials such as epoxy. This 

 

Figure 7-10 Solidworks model of the fin 

 

 

 

 

Table 7-2 Strengths for different materials considered for the fins 
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particular high-density foam gives us a high stiffness and strength to weight ratio that helps resist fin flutter while 

saving on weight.  

The epoxy used for the fins is the System 3000 High Temp Epoxy from Fibre Glast. This epoxy will ensure a 

strong carbon fiber composite while also resisting heat that comes from the nearby combustion chamber.  The 

material properties for the epoxy are shown in Table 7-3 below. 

Table 7-3 Material properties for System 3000 High Temp Epoxy 
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7.3.2. Manufacturing Technique 

 It is necessary for the fins described above to have a compact, smooth surface in order to facilitate laminar 

flow over the surface. The best way to achieve this is for the carbon fiber to be vacuum bagged over the foam core. 

Vacuum bagging pulls the layers of carbon fiber in tighter together while also pulling out air bubbles that form 

inside therefore increasing the effective material properties of the carbon fiber plate. The number of layers of carbon 

fiber is dependent on the geometry of the fins. This is because as the thickness of the carbon fiber layer increases, 

the material properties (i.e. strength) increase with it. This increase in material properties is important in resisting fin 

flutter. The fin flutter equation shown in Equation 7.3.1 below calculates the speed at which fin flutter becomes 

catastrophic based on the given geometry of the fins. In order to maintain the aerodynamics that the geometry gives, 

the best way to increase the speed of fin flutter is by increasing the thickness of the carbon fiber. The fins on this 

rocket will have one layer of carbon fiber which gives a catastrophic fin flutter speed of over Mach 2. 

 

The foam core of the fin will be shaped using a CNC according to the geometry specified in the design. 

Each foam core will be wrapped in the appropriate number of carbon fiber sheets to achieve the desired thickness. 

When the fins are finished curing they will be sanded as smooth as possible. Then using an alignment tool, the 

finished fins will be attached to the body tube by covering the base with cyanoacrylate glue (super glue). Then the 

System 3000 Epoxy will be mixed with the carbon fiber dust to create a paste used to fillet the edge of the fin to the 

body tube. This fillet will be covered with three consecutively larger carbon fiber strips that securely connect the 

fins to the body tube without penetrating the body tube itself. 

7.4. Nosecone 

The main requirements are for the nosecone to be smooth and resistant to compressive forces that occur 

during powered flight. Similar to the body tube and fins, the nosecone will be made using carbon fiber since its high 

strength to weight ratio will keep weight down while keeping strength high. This is important for the front of the 

rocket so that the flow starts as smooth as possible instead of becoming turbulent early, which would greatly 

increase drag. The carbon fiber is important because as the air speeds up going down the nosecone, the nosecone 

experiences strong aerodynamic forces that could rip apart weak materials at the speed the rocket is flying. The 

shoulder of the rocket will extend 7 inches into the body tube. This depth is important because since the body tube is 

6.5 inches wide, the shoulder needs to extend far enough to keep the nosecone stable in flight. 
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Similar to the fins, the nosecone will be vacuum bagged to ensure the layers are tight and the surface is 

smooth. This is important in ensuring laminar flow over the nosecone. The foam core will be made using a CNC to 

make a model slightly smaller than the desired nosecone. When the carbon fiber shell is finished curing, the foam 

will be dissolved out of the carbon fiber using acetone. 

The epoxy being used is System 2000 epoxy and System 2060 Hardener from Fibre Glast. Epoxy in general 

will be used because it has the best strength and toughness compared to polyester and vinylster which helps maintain 

structural integrity in high-speed flight as seen in Figure 7-11 below. 

 

7.5.  Tail Cone 

The tail cone will be connected at the back of the rocket surrounding the combustion chamber and nozzle. 

Because of its proximity to these large heat sources, the tail cone material must be resistant to high temperatures. 

Also since the tail cone is the furthest back on the rocket, it will be the first point of impact when the rocket lands on 

the ground. Because of this, the material must also have high strength to weight ratio and cannot be brittle which 

rules out metals (aluminum and steel) and ceramics. After these considerations, the material chosen for the tail cone 

will be Ultem 9085 from Stratasys. This material has high temperature resistance and high strength to weight ratio, 

which satisfies all of the material requirements. This material will be 3D printed by Stratasys and completely sanded 

down and finished so that the surface is as smooth as possible which helps facilitate laminar flow over the trailing 

edge of the rocket. 3D printing is a very useful technique that allows for virtually any shape to be made exactly as 

modeled. This is important for the rocket because it allows for the tail cone to be as precise as possible to decrease 

the drag as much as possible. 

 

Figure 7-11 Comparison of different types of resin 
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7.6. Bulkheads 

Each of the six Bulkheads and Connectors will be described here by detailing the requirements and performance 

needs. Material selection for the Bulkheads is to be covered last because it has not changed since the preliminary 

design review. However, the alloy selected for the Bulkheads and Connectors is still Aluminum 6061 and the U-

bolts are made from 304 Stainless steel. Also, all holes drilled into the Bulkheads or Connectors will be one of two 

diameters either 1/8” or 1/4” excluding the holes needed for the electronics bay panel connections. Below is a layout 

of the bulkheads on the frame of the Rocket. 

 

 

7.6.2. Engine Bulkhead 

 

 

Figure 7-12: Bulkhead Layout 

 

 

Figure 7-13: Engine Bulkhead 
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The Engine Bulkhead is the connection between the engine of the rocket and the frame of the rocket. It must 

withstand the forces provided by the thrust of the engine, the recovery parachutes, and of course the rocket’s weight. 

The expected thrust force is less than 450 lbs. and the shock force from the recovery system should not exceed 

600lbs. The force from the engine will be resisted by a flange on the inside of the bulkhead and will also be held by 

the insertion screws that will pass through the bulkhead and screw directly into the combustion chamber flange. The 

engine bulkhead is also separable for easy access and insertion of the rocket engine, oxidizer and plumbing systems. 

Overlapping sections of the male and female connections will be assembled with the connection screws, the upmost 

and lowermost rim surfaces will be epoxied into the body tube.  

 

7.6.3. Main Bulkhead 

 

The Main Bulkhead is the last stage of the recovery system. The main parachute will be stored in and deployed 

from the chamber above the main bulkhead. Below the main bulkhead, will be the electronics bay. Essentially this 

bulkhead must withstand forces supplied by the separation charges, main parachute deployment, and the regular 

weight of the rocket. The separation charges are calculated to be less than 400 pounds and the main parachute shock 

force is expected to be less than 200 pounds given that the drogue parachute is deployed correctly. If the drogue 

parachute is not deployed correctly the expected forces from main parachute deployment are calculated to be 700 

pounds.  Also the main bulkhead will include two U-bolts that will serve as the connection locations for the 

parachutes. There must be enough space in the U-bolt area for all of the parachute connections and the separation 

charge canisters to fit, without creating an environment that may allow the parachute to get caught. The upper rim of 

the bulkhead will have separation pins holding it in place while the bottom rim will be attached to the e-bay panels 

using machine screw fasteners. Lastly, there must be passages for wire connections to travel to separation charges.  

 

Figure 7-14: Main Bulkhead 
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7.6.4. Electronics Bulkhead 

 

The Electronics Bulkhead is designed to be a separable bulkhead that allows access to the electronics in the 

electronics bay in the upper chamber and for easy insertion of the payload in the lower chamber. It must also 

withstand the shock forces from the recovery deployment. The upper and lower rim surfaces will be epoxied inside 

the body tube and the center overlapping connection will be secured with screws.  

 

Figure 7-15 Electronics Bulkhead 
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7.6.5. Tail Cone Connector 

 

The Tail Cone Connector is a cylindrical piece that allows the tail cone to connect to the lower flange of the 

combustion chamber as well as support the ending of the body tube. It allows for the tail cone to be separable in the 

case that the tail cone breaks or melts, it can be replaced without effecting other structures on the Rocket. Also this 

connection increases the stability of the combustion chamber, because it serves as a second, lower support.  

 

Figure 7-16 Tail Cone Connector 
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7.6.6. Fire Bulkhead 

 

The payload and the oxidizer both need support during the flight. Essential functions of the support bulkhead 

will be to provide the appropriate surface for the support of the payload inside the rocket, to keep the oxidizer from 

banging around in the body tube, and to prevent fires or heat from traveling up through the rocket body. The outer 

diameter of the oxidizer tank is 5.9 inches and the inner diameter of the body tube is 6.5 inches, which leaves a 

space of about ¼ of an inch of space for the oxidizer tank to wobble in. A cylinder of Extreme-Temperature Silicone 

Rubber, will be wrapped around the outer surfaces of the oxidizer tank to fill the gap and provide support. The 

silicone rubber will not be effected by low temperatures of the oxidizer tank or high temperatures if anything goes 

wrong near the combustion chamber. It will also act as a source of insulation against any heat that may emanate 

from the engine. The support itself will be two circular layers that will be epoxied to the walls of the aluminum 

bulkhead. One layer will be plywood which will allow for the payload to be screwed in, while the lowermost layer 

will be a High Temperature Mineral Wool insulation. The insulation can fight against flames and heat up to 1200 °F 

and is also shock and vibration resistant.  

7.6.7. Material Selection 

The previously described requirements and specifications were then implemented into material selection. Key 

material properties that help to meet the engine bulkhead requirements are strength, density, toughness, cost, and the 

coefficient of thermal expansion. In the table below there is a list of the importance of the material properties. 

 

Figure 7-17 Fire Bulkhead 
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After determining the desired material properties, Ashby charts were used to select materials from the 

desired properties. For example, strength and density were two of the most important things in the material selection 

process but it is known generally that strength can sacrifice the desired density properties. Ideally the best of both 

worlds of density and strength would come together. Ashby charts display the relationship between the two and this 

aids in material selection. All materials are shown in the charts and they allow for analysis and selection from all the 

options available. 

Table 7-4: Desired Material Properties 

Material Property Name Desired Property Description 

Strength High  High Yield strength to withstand all possible forces 

without plastic deformation so that the Bulkhead 

can be used more than one time if worst case 

scenario occurs. 

Density Low Low density correlates with low weight and is of 

vital importance for the rocket, as long as strength 

is not sacrificed 

Toughness High/Medium High toughness allows the material to absorb 

energy and by deformation without failing. This 

also valuable for crack propagation from potential 

imperfections in the manufactured material. 

Cost Low Low cost is a consideration because it can add up 

over all of the Bulkheads.  

Coefficient of Thermal Expansion Low Low values for the coefficient of thermal 

expansion would result in a material that does not 

expand when exposed to heat. Expansion of the 

material could causes stresses on the bulkhead or 

the connections and could lead to failure if it were 

major enough. However, the engine bulkhead is not 

expected to be exposed to high temperatures for 

very long. 
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As shown in the figure above, materials with high strength and low density are composites, ceramics, and 

some metals. However we know that ceramics are known to have issues with brittleness and composites are not 

adaptable enough to be a material used for a bulkhead. Therefore a specific type of aluminum alloy metal appears to 

be the best option. 

 

 

Figure 7-18: Failure Strength vs Density Ashby Chart5 

 

 

Figure 7-19: Fracture Toughness vs Young's Modulus 

Ashby Chart5 
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The next Ashby chart, Figure , shows Fracture Toughness and Young’s Modulus. The Bulkheads need to 

have toughness to absorb energy instead of simply failing whenever a high load is applied to it. Forces that are 

applied quickly and powerfully such as the forces from parachutes, may cause failure in the material. If the force is 

ever enough to yield the material, and if the material has a high toughness, it will yield before eventually failing. 

This would be the best case instead of simply failing quickly and resulting in the loss or dismemberment of the 

rocket. Materials that have high strength, low density, and high toughness are composites and metals. But using the 

same logic to out rule composites as unadaptable for physically connecting to other materials, the Aluminum alloys 

still win. Aluminum 6061 in particular is the best selection; after further investigation, the general characteristics are 

that it has excellent joining characteristics, and good acceptance of applied coatings. It combines relatively high 

strength with good workability and high resistance to corrosion3. 
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8. Safety 

8.1. Objective 

Safety is of utmost importance to the members of the Sounding Rocketry Team. Due to the risks associated with 

constructing a high altitude rocket, team member safety will be addressed at all stages of the design, testing, and 

launch. One of the team members will be designated as the Safety Engineer. His/her main responsibility is to ensure 

the team performs all building and testing in a safe manner that follows university and department regulations. This 

includes coordinating necessary training for all team members. In addition, the Safety Engineer is responsible for 

completing Project Safety Analysis (PSA) documents for the engine test, recovery test, launch, and any other testing 

where it is deemed necessary. It is his/her responsibility to be familiar with the PSA’s and to be prepared with a 

course of action in the event of an emergency.  

8.2. Documentation 

Prior to creating a PSA, the test procedures need to be outlined and approved by an appropriate faculty member. 

Each team member involved in the test will be required to be familiar with all nominal and contingency procedures. 

Once the test procedures have been approved, the PSA documentation can began. Allow this process to take place at 

least 1-2 weeks prior to testing, as the required PSA signatures may take time to receive. Once the necessary 

signatures are obtained, a copy of the PSA should be mailed to the TAMU Environmental, Health, and Safety 

Department (EHSD). Once this step has been completed, the team is cleared for testing. There should be at least one 

copy of the PSA on site during testing in the event of an emergency.  

In addition to the PSA’s, each applicable vehicle component will have its own Standard Operating Procedure 

(SOP) that outlines how it is to be used and operated under normal operating conditions. Contingency and 

troubleshooting procedures should also be attached for team reference. This will prevent systems from being used in 

ways that could lead to unsafe situations. Moreover, all hazardous materials will be accompanied by the appropriate 

Material Safety Data Sheets (MSDS). 

8.3. Training Requirements 

All team members are required to complete the necessary safety training. In order for students to use machine 

shop tools, training in the safe handling of machinery, tools, and materials is required. In addition, basic lab safety is 

expected at all times when students are in the lab. This includes but is not limited to closed toe shoes worn at all 

times, safety googles and gas masks worn when working with airborne particles, and no food or drink brought into 

the lab space. Furthermore, all students will complete the fire extinguisher training provided by TAMU EHSD. This 

training is imperative for launch and engine testing. The Safety Engineer is responsible for coordinating all team 

training and for ensuring that the lab and testing sites remain safe for team members at all times. Any safety 

concerns will be brought to the Safety Engineer and appropriate faculty and handled immediately. 
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8.4. Testing Authorization 

This year the testing authority for the team will be the Houston prefect of the Tripoli Association. Measures are 

already in place to make sure that the proper individuals in the organization attend the preliminary and critical 

design reviews and are familiar with the overall design of the rocket before utilizing their fields in late spring.  

The testing authority for the engine testing remains to be Dr. Pollock since he maintains responsibility for the 

Riverside campus facilities. Last year we organized and made sure that all safety precautions were taken during 

engine testing so that nobody was hurt. While we have a spotless record, additional safety measures will still be 

taken to further insure that no harm comes to any of the members or the facilities in which we use. 
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9. Registration and Finance 

9.3. Registration Deadlines 

The initial IREC registration deadline is November 15th, 2014, and an updated registration form will be sent 

every other month three times after the original submission (e.g., Jan. 15th, March 15th, and May 15th). The form 

must be filled out and emailed in pdf format to the address experimentalsoundingrocket@gmail.com.  

9.4. Budget 

Type here. 

9.5. Fundraising/Sponsorships 

Type here. 
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10. Conclusion 

Type here.   

11. Acknowledgments 

Type here.  


