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1. Introduction 

1.1 Objectives 

The Texas A&M University Sounding Rocketry Team (SRT) is a student-operated multi-disciplinary design 

organization that originated in the Department of Aerospace Engineering in the summer of 2013.  The Sounding 

Rocketry Team currently has four overarching objectives:  (1) to compete in and win the Advanced Category of the 

Intercollegiate Rocket Engineering Competition, (2) to develop a connection between academic studies and design 

challenges through practical applications, (3) to enhance interpersonal communication as part of an engineering 

team, and (4) to prepare students in the area of oral presentations and technical reports.  

The primary objective of the Sounding Rocketry Team this year is to compete in and win the Intercollegiate 

Rocket Engineering Competition (IREC), hosted annually by the Experimental Sounding Rocket Association 

(ESRA) in Green River, Utah. Universities across the world participate in this competition, which is divided into 

two categories:  Basic and Advanced. The Sounding Rocketry Team will represent Texas A&M University in this 

competition for the first time by competing in the advanced category. The emphasis of the IREC is student design 

and construction of as much of the rocket as possible. This includes any propulsion, structures, avionics, recovery, 

or payload systems. The primary objective of the competition is to carry a 10lb removable payload as close to a team 

specified altitude as possible. 

One of the most valuable aspects of the Sounding Rocketry Team is the bridge between the classroom and 

workroom that it provides to members. Through the Sounding Rocketry Team, students have an opportunity to 

continually apply and expand their engineering education through real-world design and fabrication challenges. The 

Sounding Rocketry Team is composed of both undergraduate and graduate students in the Dwight Look College of 

Engineering. This means that on this team, freshmen have the unique opportunity to work on a project alongside 

seniors and graduate students, and all students have an opportunity to participate in practical, hands-on applications 

of aerospace engineering before their senior design project.  

Team communication skills are also a priority for all members on the Sounding Rocketry Team. Each of the 

five sub-teams (Propulsion, Structures, Dynamics and Operations, Electronics and Payload, and Business) are 

structured so that a manager oversees the progress of each component of the rocket. Each member is required to 

effectively communicate with other teammates, their manager, and the rest of the team. 

The final goal of the Sounding Rocketry Team is to provide an opportunity for students to extensively practice 

their written and oral presentation skills. Each team is required to present a weekly update to the rest of the team 

detailing the work they accomplished during the previous week as well as goals for the next week. This is beneficial 

in two manners:  For one, it helps maintain timely communication within the team; for two, it prepares each member 

for the mid-semester Preliminary Design Review and the end-semester Critical Design Review where each member 

must effectively communicate their findings to support the design of their component of the rocket on a public stage. 

A panel of professors from the Aerospace Engineering department and members of the Tripoli Rocketry Association 
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are anticipated to attend these reviews to provide input that will be used to further improve the function of the 

rocket.  

1.2 Project Structure 

The Sounding Rocketry Team functions similarly to a typical engineering capstone design course by following 

a related two-semester timeline, with the design phase during the fall academic semester (including a mandatory 

Preliminary Design Review and a Critical Design Review in this phase), and a build and test phase throughout the 

fall and spring academic semesters. The team is organized into five sub-teams: Propulsion, Dynamics and 

Operations, Structures, Electronics and Payload, and Business.  

2. Propulsion 

2.1 Objective  

The objective of the engine is to generate enough thrust, within specific set of parameters including burn time 

and peak thrust, to reach the team’s goal of 18,000 ft. AGL. Dynamics & Operations determined an estimated 

impulse and minimum initial thrust as starting parameters. To minimize the risk of a combustion chamber burn 

through, the target burn time was set between 10 and 15 seconds. Fuel and Oxidizer choices were heavily based on 

SRT-2 final decisions. These choices will be verified with an SRT-2 developed and constructed test engine. The 

engine was broken down into five major subsystems: Oxidizer tank, plumbing, injector, combustion chamber, and 

nozzle. Each team member was assigned a subsystem and was allowed to choose a second subsystem to contribute 

to.  

 

 

 

 

          Figure 1-1 Oxidizer Tank Selection 
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Figure 2.1 Nitrous Oxide Density1 

 

2.2 Propellant  

2.2.1 Oxidizer Choice 

The oxidizers that were initially researched were hydrogen 

peroxide, liquid oxygen, and nitrous oxide, based on common oxidizers 

that are already used in modern rocketry. Hydrogen Peroxide was 

eliminated because of dangerous storage methods, toxicity, and 

instability.  Despite numerous recommendations in literature on 

its advantages as an oxidizer, liquid oxygen was eliminated because it 

requires more extensive and complicated system in order to handle 

cryogenics. Nitrous oxide remained to be the oxidizer of choice. Nitrous 

oxide comes with several advantages. The biggest advantage being its 

stability at room temperature and availability. Also, in 

comparison to the other oxidizers, the handling of nitrous 

oxide is much safer than the others because of its stability. 

Furthermore, nitrous oxide has been extensively used in 

hybrid rocket motors in the past, so there is a lot of 

information regarding the different aspects of it. Something 

that has to be taken into consideration is that nitrous oxide’s 

density changes significantly with temperature.1 Because the 

gas has a very high density and has very little pressure 

during storage, it is used in several top of the line gas 

systems as well. One concern with using nitrous, as the tank 

empties, the gas can find its way through the liquid and 

reduce performance or extinguish the motor. With the use of 

a dip-tube in the tank, this effect can be minimized.   

2.2.2  Fuel Choices 

The fuel choices relied heavily on the SRT-2 investigation conducted last year. Based on information 

gathered from previous years, Hydroxyl-Terminated Polybutadiene (HTPB), High Density Polyethylene 

(HDPE), and Nylon 6/6 were chosen to be investigated more. Other fuel possibilities were explored such as 

Paraffin and PMMA but were discounted for the following reasons. Paraffin was discounted because of faculty 

recommendations, namely that unburned melting fuel would run out of the nozzle affecting performance and 

possibly ruining the nozzle itself. Doping the fuel (adding another fuel source such as aluminum powder) or 

adding a binder could alleviate this issue, but because of the experience level of the team, it was deemed beyond 

the capability to pursue this further at this time. Poly(methyl methacrylate) (PMMA) was discounted even with 

its low adiabatic flame temperature (safer with aluminum combustion chamber), the cost was greatly prohibitive. 

 
Figure 2.2 Nitrous Oxide Vapor Pressure2 
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HTPB was chosen has the primary fuel to model and use for calculations. There is a significant amount of 

regression information for HTPB compared with some for HDPE and next to none for Nylon 6/6. In addition, the 

fuel port for modeling and designing of the engine was chosen to be circular in order to accurately compare fuels.  

Based a fuel port diameter of 3 in and an injector area of 0.05 in2 and ballistic coefficients shown ,(to be used 

with an oxidizer mass flux of units g/cm3, returns mm/sec)  HTPB regresses at an average rate of 0.0423 in/sec. 

with a fuel grain length of 17.25 in the average OF ratio over the course of the liquid phase was 7.9. In 

comparison HDPE under the same conditions regresses at an average rate of 0.0252 in/sec. However, the average 

OF ratio over the course of the liquid phase was calculated to be 13.5. Nylon 6/6 is assumed to perform in a 

similar manner as HDPE and is a cheaper alternative. As can be inferred, HDPE and to some extent HTPB are to 

fuel lean of a combustion combination to produce an efficient engine. The overall design could be tailored to 

reduce the OF ratio to a desired level such as decreasing the area of the injector (decreasing the mass flow rate of 

oxidizer) or lengthening the grain, however, this would increase burn time beyond the target and require a 

chamber that is a significant portion of the rocket. A better way to combat this issue for both HTPB and HDPE 

(likely Nylon 6/6 as well) is to increase the regression rate. A way to do that is with vortex injection. The theory 

will be discussed in a later section. However, if vortex injection increased the regression rate of HTPB by 21.5% 

the OF ratio would be 6.49, right at the desired level. Similarly, if the regression rate of HDPE was nearly 

doubled, and OF ratio of 5.99 would be achieved. The final way would be to increase the surface area of the port. 

This will be a last resort because of the difficulty in modeling non-circular fuel port regression. 

2.2.3 Testing 

Hot engine tests will be conducted to verify regression rates, thrust curves, and pressure curves. The test 

apparatus consists of a nitrous oxide tank, an injector housing that is capable of swapping injector plates (for testing 

alternative injection designs), a combustion chamber, and a simple conical nozzle. Pressure transducers and 

thermocouples are mounted at various points to gather the required data. The test engine specifications are listed 

below. 

Table 2.1. Characteristics of two fuels with nitrous oxide3 

Fuel a n Ideal OF Density (lb/in3) 
HDPE 0.248 0.331 6 0.0347 
HTPB 0.417 0.347 6.5 0.0325 

 

Table 2.2: Test Engine Specifications 

Nitrous Oxide Tank 915 psi., 116 in.3 

Injector Plate Diameter 2.5 in. 

Combustion Chamber (Length x 
Diameter) 

9 x 2 in. 
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In addition, actual mass flow rate will be recorded and discharge coefficients through the injector orifices will 

be gathered. The actual flow rate is usually lower than the calculated flow rate because the mathematical models do 

not fully represent the combustion process. 

2.3 Engine Subsystems  

2.3.1 Oxidizer Tank 

The initial idea for SRT-3 was to research, design, build, and test a custom oxidizer tank. Preliminary 

calculations suggested that if an aluminum oxidizer tank could be made in a weight class comparable to the previous 

year’s carbon fiber tank, the tank diameter could be decreased, reducing the overall drag and consequently 

decreasing the required thrust. As the designing process began, Dynamics and Operations fully analyzed the drag 

reduction gained by decreasing the tank diameter, and 

concluded the commercially available composite oxidizer 

tank would be most efficient for the performance the rocket. 

Since the density of nitrous oxide varies drastically 

with temperature, a worst-case filling temperature of 85°F 

was chosen when approximating volume requirements. 

Based off the density of nitrous at the given temperature, a volume of 900 in3 was found to be sufficient to contain 

the oxidizer with helium pressurization.  

Regarding pressure rating, the oxidizer tank must have a safety factor of at least two. With a maximum 

expected oxidizer tank pressure of 1500 psi (if the tank were to be pressurized), tank chosen must be able withstand 

pressures from 3000-4000 psi.  

2.3.2 Choice Discussion 

Initial ideas were centered on purchasing an aluminum tank, but the amount of mass in comparison to a carbon 

composite tank would affect the projected apogee. Also, previous years have had experience with using a carbon 

composite tank. A few vendors were looked investigated, including Luxfer and Catalina Cylinders. Each 

manufacturer sold a variety of different cylinders ranging from 122 to almost 5500 cubic inches. The model that was 

 

Figure 2.4 Oxidizer Tank Selection 

 

 

Figure 2.3 Tank Calculation Visualization 
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best possible for a rocket came down to two tanks for Luxfer.  

The models in which suite the team’s needs the most are the T137A and the T144A from Luxfer. The cylinders 

provide 1100 cubic inches of space, approximately the same weight of 19 lbs, and they are capable of operating at 

pressures up to 3400 and 3600 psi, which is well above what the nitrous oxide will ever experience on the launch 

rail. Even so, each cylinder has a minimum burst pressure of 11,250psi, making it exceptionally safe. Ideally, the 

biggest difference between the two tanks is the diameter. The T137A has a diameter of 7.7 in and the T144A has a 

diameter of 7.9. Either way chosen, our rocket diameter will centered on accommodating the diameter of the tank. 

2.3.3 Plumbing 

The main purpose of the plumbing system is to initiate the flow of the oxidizer to the injector and transport it 

quickly and efficiently with very little drop in pressure. To minimize this pressure drop, according to mass 

conservation and Bernoulli’s principle, the inner diameter of the tubing must be larger than the total injector orifice 

diameter (as determined last year). The inner tubing diameter was chosen to be 1” based on a fitting chosen to 

connect the tank to the plumbing cross. The secondary purpose of the engine plumbing is to allow the filling and 

venting of oxidizer tank to control the amount of nitrous within it. The plumbing design will also allow for flow 

pressure and temperature monitoring as well as shut off control in emergency situations.  

The plumbing consists of the cross piece, fill and vent lines, and the ball valve actuator system. The cross piece 

eliminates the number of fittings needed to connect fill and vent lines, the pressure transducer, and the 

thermocouples that will be attached to the system thus reducing the cost of parts needed. Having one piece act as a 

connection to all other parts will also greatly reduce the length of the entire plumbing system which aids in reducing 

the pressure drop of oxidizer as it travels to the injector.  

Due to the properties of nitrous oxide and the size of last year’s oxidizer tank, helium was needed to pressurize 

the oxidizer tank in order to fill enough nitrous into our engine system. The plumbing system of SRT-2 used two 

separate fill lines for nitrous and helium each. However, the new tank being used is much larger and according to the 

calculations done in modeling the emptying of nitrous through the engine (see system calculations), the tank chosen 

is large enough to avoid using helium to pressurize the oxidizer. Therefore, one fill line will be used to supply the 

engine’s tank with nitrous oxide. In case the modeling does not match testing results, a check valve can be added on 

the plumbing and solenoids on the nitrous and helium fill tanks will allow filling of the engine tank through one line.  

The vent line allows maximum filling of the tank by evacuating the air that initially sits within it. The vent line 

also allows the oxidizer to evacuate the tank during cases where it cannot flow through the injection and combustion 

chamber, i.e. during ignition/testing failures or in-flight emergencies (see emergency shut off system section). SRT-

2 implemented a vent line using an aluminum tube 1/16” in diameter that was small enough remain open without 

greatly affecting the pressure within the tank. While this size allowed for gradual venting of the tank, the venting is 

very slow and the team was not able to respond to an injection failure and approach the tank safely until the tank 

pressure was significantly reduced. The new vent line will be big enough to allow a quicker vent (and a quicker fill; 
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see quick fill/vent valve section) and use a solenoid to open and close the line when needed. As per competition 

rules, a pressure release valve will be implemented into the system. 

Last year’s plumbing design eliminated the use of a valve to initiate oxidizer flow into the combustion chamber 

with a unique injection design; the goal was to eliminate the use of a valve in the plumbing system but 

unfortunately, there were sealing problems with the plug used and starting oxidizer flow using an Estes motor was 

inefficient and unreliable. The new plumbing design, while it reintroduces the use of a valve, will eliminate the risk 

of injection failures and sealing issues as well as allow for an emergency shut off function (see emergency shut off 

system section). SRT-1 intended to use two gears, one attached to the valve and another to a servo motor, and a 

chain to facilitate the opening and closing of their ball valve; however there were issues mounting the motor and 

aligning the chain at the proper tension. To eliminate this problem, a four-bar linkage system between the valve and 

a servo motor will be used to open and close the ball valve as needed. The design of the valve actuator will be 

discussed in more detail in the Oxidizer Valve section. 

In order to reduce the number of fittings and cost of the plumbing system, a "plumbing cross" part will be 

manufactured to connect nitrous fill and the vent line to the pipe that will transport the oxidizer from the tank to the 

injector. A homemade part will allow control of the length of pipe between the tank and the combustion chamber. 

As mentioned in the above sections, a four-bar linkage system with a servo motor will be used to open and close 

the ball valve that controls the flow of oxidizer. After research on ball valve actuators (electronic and pneumatic) it 

was concluded that the actuators would not fit into the rocket at the current diameter of 8”. For this reason, a 

homemade actuator consisting of a gearbox and servo motor was proposed to open and close the valve. After 

discovering that the 401 rocket design class’s method for actuation was a four bar linkage system however, the use 

of this method was ruled a far less complicated and much lighter option.  

 

 

Figure 2.5 Approximate design of Four-Bar Linkage system  
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After a ball valve with a PTFE seat was chosen, the torque required for our tank pressure of 1000 psi was 

determined to be approximately through a manufacturer’s pressure vs. torque graph show in figure 2.6. A 

spreadsheet that models the motion of the four-bar system as well as the torque applied to the ball valve was 

produced in Excel in order to properly design to the torque requirement and ensure the actuator would fit in the 

rocket’s body tube. Equations used in the spreadsheet were simple trigonometric relations (law of sines, law of 

cosines, etc.). 

In the past, filling the nitrous tank took approximately  # minutes because of the slow vent of air through the 

1/16" dip tube and the only indication of a full tank were weight readings given from the load cell of the test stand. 

The new dip tube to be used will allow a quicker fill by speeding up the evacuation of air from the tank through a 

larger diameter. A larger diameter tube will also add a visual indication of a full tank by allowing a small amount of 

nitrous vapor to escape the tube (as a white vapor) after which the vent valve can be completely closed and the mass 

of the nitrous maintained until launch. A quicker fill means a quicker preparation process for launch.  

2.3.4 Injector 

The injector plate serves as an interface between the oxidizer tank and the combustion chamber. Its main 

function is to atomize the oxidizer into tiny droplets before igniting within the combustion chamber. It is seated 

inside of a housing mounted between the combustion chamber and the oxidizer tank—this is where it allows the 

oxidizer to flow through its orifices. 

 

Figure 2.6 Required torque values at given pressures according to pipe size. 
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Atomization is accomplished by drilling small orifices into the plate not exceeding 1.5 mm. in diameter.1 The 

high pressure flow being forced through the small orifices causes the oxidizer to atomize as it exits the plate. Small 

droplets are necessary because they more easily ignite and mix with the fuel better as the reaction burns. Flow 

through an orifice is represented in the figure below. 

 

The design approach was dependent on the desired O/F ratio. The desired O/F ratio was set between 6 and 7 

which was obtained by numerically simulating the oxidizer mass flow reacting with the solid fuel in the combustion 

chamber. The mass flow rate was changed by iteratively altering the total area until a desired O/F ratio was 

achieved. 

The best total area was found to be 0.05 m.2. Using orifice diameters of 1.5 mm. (0.0591 in.), the total number 

of orifices were able to be determined using the relationship between individual areas and the total area. 

𝐴𝑡𝑜𝑡𝑎𝑙 = 𝑁𝑜𝐴𝑜 

= 𝑁𝑜 ∙ (
𝜋

4
𝐷𝑜

2) 

 
𝑵𝒐 = 𝑨𝒕𝒐𝒕𝒂𝒍 ∙ (

𝝅

𝟒
𝑫𝒐

𝟐)
−𝟏

 (2.1) 

 

𝑁𝑜 is the number of orifices, 𝐴𝑜 is the individual orifice area, and 𝐷𝑜 is the individual orifice diameter—the 

subscripts “o” are not to be confused with an initial parameter. 

The number of orifices must be a whole number, so rounding up or down is up to the design requirements. The 

number of orifices was decided to be 20—which slightly overshoots the desired area—yielding a final total area of 

0.0548 m.2. The CAD model is depicted in Fig. 2.8 below. 

 

Figure 2.7 Flow Through an Orifice 
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SRT-3 is has selected a method of injection called vortex injection which is a variation of swirl injection. The 

advantages include greater regression rates and more efficient burns. In vortex injection, the orifices are drilled at an 

angle offset from the z-axis (the axial direction of the rocket) which effectively adds a radial component to the flow. 

The added radial component creates a vortex in the combustion chamber which has been shown to increase the 

regression rate by at least 36%.4 The increase is due to the centrifugal forces throwing the flame against the fuel 

grain walls. Vortex injection has been tested on similarly sized rockets and has confirmed increased regression 

rates.5  

In the more dramatic method called swirl injection (injecting the oxidizer horizontally, completely replacing the 

axial component of velocity with total radial velocity), the regression rates have been shown to increase by 182%.5 

Although swirl injection has repeatedly been shown to have greater regression rates2-5, there was a concern with 

spraying the oxidizer horizontally into the combustion chamber walls and creating a burn-through. 

There are some concerns with vortex injection. The first concern is its ability to burn the fuel grain down 

towards the nozzle. This is considered because the radial component of velocity takes away from the velocity 

traveling downwards, thus reducing the amount of fuel grain burned down-chamber. Hot tests will verify if this 

should be a concern. Secondly, in previous work, swirl injection has caused blowout (termination of combustion) 

because of the accumulation of unburnt oxidizer in the pre-combustion chamber.6 This accumulation is depicted in 

Fig. 2.7 below. 

  

 

Figure 2.8 Injector Plate CAD Model 

 

 

Figure 2.7 Swirl Injection Cold Flow Test 

 



      17 

In vortex injection, the angle of the orifices is the most important consideration. Research found that 45 degrees 

is the optimal angle.8 The figure below illustrates the 45 degree angle in the orifices. 

 

 The following notes shall be made about the manufacturing process. A smaller orifice diameter could better 

atomize the oxidizer; however, machining a hole smaller than 1.5 mm. can be difficult given the resources provided 

to SRT-3 (namely a mill and a CNC machine) because a slim drill bit is subject to bending as it cuts. Furthermore, 

the drill bit will have to enter the plate at a 45 degree angle which increases the likelihood of bending the bit. The 

1.5 mm. diameter was chosen because it is a recommended maximum diameter orifice.1 This diameter is still a 

concern for drilling, but it will be addressed by experienced shop technicians. 

To verify the advantages of vortex injection, hot tests will performed to collect regression rate data, thrust 

curves, and chamber pressures. Additionally, discharge coefficients for flow through an orifice will be obtained. 

To prove the improvements of vortex injection, two alternative designs will be tested. The first alternative will 

have all vertical orifices. The second alternative will use a common method called impinging injection. The three 

designs will be compared and the best option will be chosen. 

The housing needs to be designed and manufactured. So far, the housing will feature a plumbing insert to 

receive the oxidizer flow, a swappable injector plate feature (likely involving O-rings and snap rings for rapid 

fastening), and possible auxiliary ports for thermocouples and pressure transducers. Leakage needs to be prevented, 

and care will be taken in the design of the plate swapping feature. Furthermore, an important parameter is the depth 

of the “plate chamber” which is the opening directly under the threaded feature depicted by the blue arrows in Fig. 

1.9 below. 

 

 

Figure 2.8 45° Vortex Injector Plate Drawing 
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2.3.5 Combustion Chamber  

The combustion chamber provides a housing for the solid fuel where it can burn and mix with the liquid 

oxidizer before entering the nozzle. The design ensures enough room for proper mixture and combustion of the solid 

and liquid fuel which is crucial for peak performance. The dimensions include enough room for the fuel, a layer of 

insulation between the walls of the chamber and the fuel, and extra length for the pre and post mixing regions at the 

fore and aft ends of the fuel. These dimensions were acquired using equations from pertinent literature along with 

educated rationalization. 

The Dynamics and Operations Team and the Propulsion Team set specific parameters for the engine to be 

designed around. These include a predicted thrust over time, the set diameter of the rocket based on the oxidizer tank 

dimensions, an O/F ratio, and a reasonable engine length depending on the overall rocket length. Using these 

constraints, mass flow rate, average thrust, and regression rate were determined. These values are used in 

characterizing the dimensions of the combustion chamber. Another design consideration was to have an engine that 

can easily be reused. The solid fuel will need to be interchangeable with a new fuel for multiple tests and launches. 

For this to be possible, the nozzle will also have to be easily removable for easy access to the fuel. 

The diameter and length of the combustion chamber are defined by the mass of fuel needed and the 

regression rate of fuel throughout the total burn time. In an effort to protect the aluminum chamber walls from the 

extreme temperatures of the chamber, the fuel will be 0.68 inches thicker than the minimum amount needed to burn 

according to the regression rate calculation. 

In order to gather regression data from testing and determine regression rate increase with the new vortex 

injection system, a circular port design will be used in the engine9. The initial inner diameter of the fuel grain port 

 

 

 

Figure 2.9 Injector Plate Housing (Rough) 
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will be 3 inches, and after the burn is complete the inner diameter will increase to approximately 4.07 inches. These 

dimensions are based on the MATLAB code developed by the Propulsion Team. Also from the MATLAB code, the 

length of the fuel grain was determined to be 17.25 inches. 

The pre-combustion chamber provides extra length to the combustion chamber in addition to the fuel grain for 

the oxidizer to recirculate before coming in contact with the solid fuel. Ideally, the liquid oxidizer will atomize and 

change to a gaseous phase while traveling through the injector. However, the pre-combustion chamber is a step 

further to ensure the oxidizer has time to mix and become a gas. The pre combustion chamber length is a ratio of the 

diameter of the port, specifically L/D of 0.75 to 1.010. From this equation the length of the pre-combustion chamber 

was determined to be 2.75 inches.  

 After combustion occurs in the grain and the propellant reaches the end of the fuel port, all potential 

combustion is not complete. The length of the fuel grain is often insufficient to achieve complete combustion. In 

order to maximize mixing between the fuel and the oxidizer, a post-combustion chamber length is added to the end 

of the solid fuel. Its length is a ratio of the diameter of the port, specifically L/D of 0.5 to 1.010. This will be 

accomplished by increasing the length of the graphite used for the nozzle by 1.82 inches. The graphite will provide 

insulation between the high temperature combustion gases and the chamber wall. This will not affect the efficiency 

of the nozzle, it will only change the machining process. 

The combustion chamber design includes two flanges, one on each end of the chamber. The upper flange will 

connect with a similar flange on the injection system, pairing the two parts together. The upper flange will take most 

of the force from the thrust supplied by the nozzle, and will be 0.5 inches thick. The lower flange will connect to the 

body tube and the tail cone. This flange will not be under as much stress as the upper flange, and will be 

approximately 0.4 inches thick.  

Using the yield strength of 40,000 psi for the 6061-T6 aluminum, a thickness of 0.25 inches was determined for 

the combustion chamber walls This was found from the following equation where t is minimum wall thickness (in), 

P is internal pressure (psi), r is the radius of the cylinder (in), and σ is the yield strength of 6061-T6 aluminum (psi). 

A safety factor of 10 was used in the thickness calculation to ensure the chamber pressure can be handled by the 

walls. 

 𝐭 =  (𝐏 ∗ 𝐫)/𝛔      (2.2)11 
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  A SolidWorks Finite Element Analysis (shown below) was run on the entire combustion chamber to ensure every 

dimension is designed to prevent deformation of the aluminum. Two tests were run, one under normal testing 

conditions (400 psi, 700 lbf peak thrust, and 300 °F), and one under conditions twice as harsh (800 psi, 1400 lbf 

peak thrust, and 600 °F). The normal testing conditions result showed a yield strength much higher than the stresses 

experienced by the chamber. The extreme testing conditions showed a yield strength slightly higher than the stresses 

applied to the chamber. This shows the chamber is fully capable of experiencing stresses up to twice what is 

realistically expected. The chamber wall thickness has been a problem in the past, so a large factor of safety and 

detailed analysis have been used to ensure no major problems are encountered in the future.  

2.3.6  Ignition Methods  

The current ignition system (Dr. Pollock’s design) includes a “sting” that inserts into the fuel grain port. Several 

seconds before ignition, the sting releases oxygen into the combustion chamber to prep the fuel to burn. The sting 

also holds the ignition match in the chamber. Once the fuel ignites, a system of weights is used to remove the sting 

from the combustion chamber in order to save and reuse it on the next test. This system has caused some trouble in 

the past because it is difficult to get the sting to travel vertically down and to the side all in one swift motion before 

the flames reach it. Several solutions to this problem have been discussed and a possible solution has been reached. 

Feeding the oxygen into the combustion chamber will be accomplished through high pressure nylon tubing. The 

tubing will have holes cut into the sides and will be stapled or secured to the fuel grain port with wire. If the tubing 

 

Figure 2.10 Combustion Chamber FEA 

 

Normal Testing 

Conditions 

Extreme Testing Conditions 



      21 

burns up during combustion it is not a problem; it is cheap and easily replaceable. The ignition possibilities are still 

being researched. A stock ignitor is a possibility, but the voltage supplied to the ignitor will have to be enough for it 

to produce an arc. The arc will begin the combustion process when it reacts with the oxygen in the combustion 

chamber. Maximizing the surface area of steel wool by “fluffing” it and stringing it through the grain port is another 

way to ensure the fuel catches from the ignitor. 

2.3.7 Nozzle 

This section of the report will detail the methods used to design the nozzle of the rocket. This will include the 

role that the nozzle plays in the rocket, the equations used to determine key parameters of the nozzle, the final 

dimensions that were calculated, and the intended method of fabrication. 

The nozzle uses a converging-diverging shape to accelerate the products of combustion in the combustion 

chamber to high velocities before ejecting them from the rear of the rocket, thus producing thrust. The converging 

section of the nozzle accelerates the gases from near zero velocity to almost sonic conditions, such that a Mach 

number of 1 is reached at the smallest area of the nozzle, the throat. This local minimum in area allows the flow to 

cross from subsonic to supersonic conditions. The diverging section then accelerates the now-supersonic flow to an 

even greater Mach number by increasing the area along the axial direction, maximizing the thrust that can be 

achieved with a given amount of propellant. This design is called a Converging-Diverging Nozzle and is commonly 

used in rocketry applications. 

A rule of thumb when designing nozzles is to design to the worst conditions that will occur during flight. 

This helps to ensure that the nozzle performance will not fall below the minimum required conditions at any point in 

the rocket’s flight. All values presented in this report use isentropic flow assumptions in the nozzle. The fuel and 

oxidizer combination is hydroxyl-terminated polybutadiene with nitrous oxide at an O:F ratio of approximately 6.5. 

To determine the area of the throat, it was necessary to calculate the average mass flow rate of propellant, 

the velocity of the propellant exhaust at the throat, and the specific volume of the exhaust at the throat. The 

calculation of the mass flow rate is discussed later in this report; the velocity and specific volume at the throat were 

calculated using equations (3) and (4), respectively, as shown below. To find specific volume at the throat, the 

specific volume at the entrance to the nozzle is needed. This can be found using equation (5), also shown below. 

 

𝑣𝑡 = √
2 ∗ 𝑘

𝑘 + 1
∗ 𝑅 ∗ 𝑇1 

 

 
   (2.3) 

 
𝑉𝑡 = 𝑉1 ∗ (1 +

𝑘 − 1

2
∗ 𝑀2)

1
𝑘−1 

   (2.4) 

 
𝑉1 =

𝑅 ∗ 𝑇1

𝑃1
 

   (2.5) 

For equation 3, T1 and P1 are the temperature and pressure at the entrance to the nozzle and are taken to be 

equal to the temperature and pressure in the combustion chamber. For our calculations, a value of 3300 K was used 
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for T1 and 400 psig was used for P1. In all three of the above equations, k is the specific heat ratio of the 

combustion products (commonly defined as gamma (γ)) and is given by ProPEP, and R is the specific gas constant, 

found by dividing the universal gas constant by the molecular weight of the products, which is also given by 

ProPEP. The values used for these calculations were 𝑘 = 1.253 and 𝑀𝑊 = 24.68.  

Once the velocity and specific volume at the throat were calculated, the optimal area of the throat was 

found using equation (6) as shown below. The mass flow rate used for the calculation was 2.75 lbm/s. 

 
𝐴𝑡 =

ṁ ∗ 𝑉𝑡

𝑣𝑡
 

 

 
     (2.6) 

The area of the throat found from this equation is 1.1 in2. This area should ensure choked conditions at the 

throat of the nozzle at all times during flight and should also maintain a safe pressure in the combustion chamber. 

After finding the area of the throat, the other main dimension to be determined was the area of the exit. The main 

consideration when deciding on an exit area was that the nozzle should be slightly under-expanded at launch 

conditions, meaning that the exit pressure is slightly higher than ambient pressure conditions- approximately 5% 

higher should more than suffice. This ensures that no shocks will form inside the nozzle during takeoff, as such an 

event could be catastrophic. At the launch site of Green River, Utah, the average elevation is 4,078 feet, giving an 

ambient pressure of 12.7 psia. Designing for 5% higher than this, the pressure at the exit of the nozzle must be 13.34 

psia.  

The area of the exit is calculated using the same equation as the area of the throat, meaning that the 

necessary velocity and specific volume must first be found. These are detailed in the following equations. 

 

𝑣2 = √
2 ∗ 𝑘

𝑘 − 1
∗ 𝑅 ∗ 𝑇1 ∗ (1 − (

𝑃2

𝑃1
)

𝑘−1
𝑘

) 

 

 
     (2.7) 

 

𝑉2 = 𝑉1 ∗ (
𝑃1

𝑃2
)

1
𝑘

 

     (2.8) 

 
𝐴2 =

ṁ ∗ 𝑉2

𝑣2
 

     (2.9) 

Using a P2 of 13.34 psia, and the same considerations discussed above for T1, R, and k, the velocity at the 

exit is found to be 7461 ft/s using equation 5. Finally, from equation 7, the ideal exit area was determined as 4.9 in2. 

Table 2-3 Throat and Exit Diameters 
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This gives an expansion ratio of 4.5 and an exit Mach number of 2.787. 

Once the areas of the throat and exit were determined, the actual contour of the nozzle had to be shaped. A 

cubic bell nozzle shape was chosen, as it allows the maximum amount of the thrust to be direction in the axial 

direction of the rocket while also minimizing the length, and thus the weight, of the nozzle. Although more difficult 

to manufacture, the cubic shape is more efficient than both conic nozzles and parabolic bell nozzles. A basic bell 

nozzle is shown below.  

To generate the points for the curve of the cubic bell nozzle, a MATLAB code was generated using a lecture 

provided by Dr. Pollock to his AERO 401 Rocket Design class. This code accepts inputs for throat radius, exit 

radius, throat entrance and exit radii, post-combustion chamber radius, departure angle (θn) and exit angle (θe). The 

throat entrance and exit radii inputs are taken as factors of the throat radius; we used factors of 1.5 and 0.4 

respectively, as recommended by Sutton and Biblarz in Rocket Propulsion Elements (p. 80). The length of the 

expansion section of the nozzle is determined by taking 80% of the length of a cubic nozzle with departure angle of 

15 degrees for the same throat and exit radii. We chose to use a departure angle of 15 degrees and an exit angle of 3 

degrees. 

 

Figure 2.11 Geometry of a Parabolic Contour 

 

Figure 2.12 SolidWorks Model of Nozzle 
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A cross section of the nozzle design is shown in Figure 2.12 SolidWorks Model of Nozzle The post-

combustion chamber is combined with the nozzle structure and has a radius of 2.1 in. The material chosen for the 

nozzle was graphite, largely due to its high melting point and its relatively light weight compared to other materials 

with similar melting points. While graphite is more expensive than other potential nozzle materials and is more 

difficult to machine, it is crucial that the nozzle be able to withstand the temperatures it will experience, because any 

change in the geometry of the nozzle due to heat-related deformation would at least significantly decrease the 

efficiency of the engine and at worst cause complete departure from the predicted flight path.  

2.4 Emergency Shut-off System  

2.4.1 Design Discussion 

This year’s rocket will include three emergency shut-off systems for safety in extreme situations; deviation 

from flight path, combustion chamber melt-through, and combustion chamber over-pressurization. During Detecting 

these conditions will ensure minimal damage to the rocket and increase the chances of recoverability. Implementing 

these emergency protocols could introduce more points of failure in our system, especially in our electronics. 

However the ability to detect and properly respond to these small failures and prevent them from becoming 

catastrophic events outweighs the possible complications that incorporating them will produce.  

2.4.2 System Breakdown 

Each shut off situation has a reason behind its implementation and both common and unique components to 

initiate the emergency protocols. The tilt-angle emergency protocol will use an IMU to detect a certain tilt angle off 

the intended. In the temperature protocol, two to three thermocouples attached to the combustion chamber walls will 

detect temperatures dangerously close to the melting point of aluminum. To prevent over-pressurization, a pressure 

transducer will detect a critical pressure within the combustion chamber. If any of these shut-off conditions are 

reached, flight computers will react by closing the ball valve to halt oxidizer flow and halt combustion. Then any 

remaining oxidizer will be vented into the atmosphere before landing.  

2.4.3 Implementation 

To implement this system, proper criteria must be decided upon for each of the shut-off systems. It should also 

be noted that each of these systems is not dependent on the others, and if any are more feasible than the others then 

those can be implemented even if the others cannot.  

 For a shut-off in the event of deviation from flight path, an angle must be chosen such that minor 

fluctuations from a vertical orientation due to wind gusts or turbulence will not cause the engine to shut off. To 

accomplish this, we will need to look into what the maximum expected deviations in a normal flight would be so 

that the engine will only shut off in the event of a true, catastrophic departure from “controlled” flight, such as in the 

case of a fin breaking off. This system is important because it could prevent harm in the event of a failed flight, and 

it could also increase the chances of recovering the rocket after such a situation. 
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For the temperature shut-off, since only the temperature on the outside of the combustion chamber can be 

measured, we will have to perform a heat transfer analysis of the combustion chamber walls so that we know what 

outside temperature corresponds with the critical inside temperature (which will be set to some percentage below the 

actual melting point of aluminum) at which engine operations should cease. This will help to prevent an engine 

burn-through (which was the failure mode of the engine of SRT 1 during a test burn) and provide the greatest 

chances of returning the engine and the rocket in a fully recoverable and reusable form. 

The pressure shut-off would account for the possibility of an unexpected increase in regression rate of the fuel 

grain due to unforeseen circumstances (such as temperature, humidity, etc.) on the day of the launch. Such a 

condition would cause a faster mass and pressure buildup than expected and could cause the combustion chamber to 

rupture. This would arguably be the most catastrophic of all three possible modes of failure and should be avoided at 

all costs. Although pressure buildup and failure often occur in only fractions of a second, we believe that it is still 

best to have a last resort measure in place so that it will have a chance of preventing such an event from occurring. 

The shut-off pressure will be decided based on a stress analysis of the combustion chamber to determine the 

maximum allowable stress given a reasonable safety factor. 

2.5  System Calculations  

System calculations were completed on a piecewise basis cumulating with a complete, engine-modeling 

MATLAB code. The major sub-algorithms are the emptying of the oxidizer tank and combustion/regression 

modeling. Each sub-algorithm had additional supporting algorithms to facilitate accurate modeling of an arbitrary 

engine system using an iterative process. To minimize unit errors and to align the overall model with data available, 

all calculations were done using metric/SI units while all inputs and outputs generated were in the English/Imperial 

unit system. 

2.5.1 Oxidizer Tank Emptying 

The modeling of the oxidizer tank emptying is a difficult but important task. The oxidizer flow model 

defines the oxidizer mass flow rate which predominately defines the combustion process and fuel regression. The 

oxidizer emptying process was broken down into two steps: the liquid phase and the gaseous phase. The liquid 

phase was assumed to be the first step and defined as liquid oxidizer flowing to the injector. The second step began 

immediately after the liquid was depleted in the oxidizer tank and consisted of gaseous oxidizer flowing to the 

injector. 

2.5.2  Initial Conditions  

The initial conditions of the final liquid oxidizer model are the volume of the tank, initial tank temperature, 

mass of N2O, mass of Helium, total area of the injector, total area of the nozzle throat, and initial combustion 

chamber pressure. Initial tank temperature is assumed to be the equilibrium temperature of the N2O oxidizer in the 

tank and currently the walls of the tank are being modeled as adiabatic. The initial combustion chamber pressure is 

assumed to be ambient.  
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2.5.3 Liquid Phase Modeling  

 Initially, an algorithm based on Aspirespace’s tank running empty was used to model the oxidizer emptying 

process. The mathematical model was based on work done by Dr. Bruce Dunn in modeling the emptying of a 

propane tank12. After developing an initial model, the results yielded high mathematical instabilities while running at 

high and low liquid flow rates. Consequently, the model was discounted for the liquid phase modeling. It should be 

noted that there was not much time dedicated to debugging the coding algorithm and therefore should not be 

completely discounted in subsequent trials. 

The model currently being used is the result of a Rochester Institute of Technology (RIT) master thesis pursued 

by Margaret Fernandez.13 Ms. Fernandez’s work explored two methods of modeling nitrous oxide exiting a helium 

pressurized tank, each explained in great detail and with respective MATLAB codes. One method adhered to the 

ideal gas law while the other relied on a non-ideal equation of state. After evaluating each code, related assumptions, 

results comparisons, and divergence sensitivity, the ideal gas model was chosen to model the liquid emptying phase 

of oxidizer flow.  

The ideal gas model assumes no molecular interactions and that vapor-liquid equilibrium is based on Raoult’s 

Law, which models mixture vapor pressures by using pure-component vapor pressures of the mixture elements.13 

The main equation of concern is that of the liquid oxidizer flow rate. The amount of liquid oxidizer was calculated 

iteratively using this equation until the liquid in the tank was calculated to be zero. The resulting curve was then 

converted to the desired set of units.  

 

�̇�𝟐, 𝒅𝒓𝒂𝒊𝒏 =
𝑪𝑫𝑨𝒊𝒏𝒋

𝑴𝑾
√

𝟐 ∗ 𝑴𝑾 ∗ (𝑷𝒕𝒂𝒏𝒌 − 𝑷𝒄𝒄)

�̂�𝒍

 

 
 

       (2.10) 

where ṅ2,drain is the liquid oxidizer flow rate in moles, CD is the coefficient of discharge, Ainj is the total area of the 

injector, MW is the molecular weight of the oxidizer, Ptank is the pressure of the liquid oxidizer in the tank and 

plumbing , Pcc is the pressure of the combustion chamber, and �̂�𝑙 is the molar volume of the liquid nitrous oxide.  

The pressure in the combustion chamber was modeled by: 

 
𝑷𝒄𝒄 =

𝑪∗�̇�𝒑𝒓𝒐𝒑,𝒍 

𝑨𝒕𝒉𝒓𝒐𝒂𝒕

      (2.11) 

where C* is the characteristic velocity, ṁprop,l is the total mass flowrate of the propellant, and Athroat is the area of 

the nozzle throat. An issue with this method of computing combustion chamber pressure is the assumption that the 

characteristic velocity is constant. A quick sensitivity study was conducted, and showed that for the majority of the 

burn, the magnitude of the number varied by less than .09 %. The effect of the overall result was negligible. 
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2.5.4  Gas Phase Modeling  

The gas phase of oxidizer flow  

was modeled using Aspirespace’s 

variation of their liquid oxidizer 

algorithm. The variation includes a 

compressibility term to account for real 

gas effects of the oxidizer gas flowing 

through the system. According tests 

conducted by Aspirespace, saturated 

nitrous vapor remains on the dashed 

“saturate vapor” line shown in the 

compressibility factor figure. 

Additionally, the group suggests that 

approximating the compressibility factor 

from the critical point to 1 (an ideal gas) 

with respect to pressure is the most 

efficient method.  Their tests show 

minimal deviation from this methods predictions.12 Therefore, an equation for the compressibility factor was 

determined with respect to pressure and is shown by the red line in the figure.  

The general method for determining oxidizer mass flow rate and chamber pressure will be discussed for the 

remainder of sub-section and will be described in the order of the algorithm.  Using values from the last known 

liquid phase iteration, the initial mass of gas vapor is determined in addition to tank temperature, tank pressure, and 

chamber pressure. Subsequently the density of the vapor is determined by using an equation fitted to known values 

by HIS15. 
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(2.12) 

where ρgas is the density of nitrous oxide vapor, ρc is the density of nitrous oxide at the critical temperature, Tc is the 

critical temperature of nitrous oxide, T is the current iteration tank/plumbing temperature, and b1-b5 are constants.    

With the density of the gas and other variables known, the mass flow rate of the gaseous oxidizer leaving 

the tank is: 

 

�̇�𝒈𝒂𝒔 = √
(𝟐 ∗ 𝝆𝒈𝒂𝒔 ∗ (𝑷𝒕𝒂𝒏𝒌 − 𝑷𝒄𝒄) ∗ 𝑨𝒊𝒏𝒋

𝟐

𝑲
 (2.13) 

 

Figure 2.13 Compressibility Factor 
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where ṁgas is the mass flow rate of the gaseous oxidizer, ρgas is the density of nitrous oxide vapor, Ptank is the 

pressure of the liquid oxidizer in the tank and plumbing , Pcc is the pressure of the combustion chamber,  Ainj is the 

total area of the injector, and K is a coefficient used to account discharge affects. It is intended to be altered to match 

a specific system but will be modeled as 2.0 for the time being.12 

The model uses an isentropic assumption for the vapor leaving the tank. Consequently the pressure and 

temperatures can be found for the next time step using the following equations: 

 
𝑻 = 𝑻𝒑𝒓𝒆𝒗 (

𝒁𝒎𝒈
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     (2.14) 
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     (2.15) 

where T and P are the current tank/plumbing temperature and pressure, respectively, Tprev and Pprev are the previous 

time step’s tank/plumbing temperature and pressure, respectively, γ is the specific heat ratio of the gas, Z is the 

current the compressibility factor, Zprev is the previous time step’s compressibility factor, mg and mg_prev are the 

masses of the current and previous gas, respectively. 

Because the compressibility factor depends on the pressure of the 

current time step, an algorithm must be implemented to find a valid 

compressibility factor. The Z-factor Find Algorithm figure shows 

Aspirespace’s solution12. T2 and P2 are the T and P of the 

aforementioned equations. By guessing on a Z for the current time step, 

the temperature and pressure can be determined. To check to see if the 

guessed Z factor is correct, the algorithm checks it against a user defined 

tolerance. The solution converges on the correct compressibility factor 

and current temperature and pressure and the entire process is repeated 

until the combustion chamber pressure falls below the critical pressure 

required for choked flow.  It should be noted that if the time step is small enough, the compressibility factor can 

assume to be close enough in magnitude that the previous and current factors cancel out. However, Aspirespace’s 

solution allows the modeling of the gas phase to be independent of time step.  

2.5.5 Combustion/Regression 

The combustion and regression calculations begin after the entire oxidizer emptying process has been modeled. 

Despite this possibly affecting the chamber pressure calculation because of the ṁox assumption, it allows for a 

“burn-through” check to take place. If the fuel is completely used at any point in time during the combustion 

 

Figure 2.14: Z-factor Find Algorithm 

 



      29 

calculation, the program alerts the user to a combustion chamber burn though possibility and for how long the 

oxidizer continued to flow through the system in the absence of fuel.  

As with the oxidizer flow rate section of the calculations. The combustion and regression section use an iterative 

process to characterize the engine performance. Calculations begin by determining the mass flux through the 

injector: 

 
𝑮𝒐 =

�̇�𝒐𝒙

𝑨𝒑𝒐𝒓𝒕

 
    (2.16) 

where G0 is the mass flux through the injector, �̇�𝑜𝑥 is the mass flow rate of liquid and then gaseous oxidizer, and 

Aport is the area of the port (changes with time). 

With the calculation of mass flux, the regression rate can be determined: 

 �̇� = (𝒂𝑮𝟎
𝒏) ∗ 𝑹𝑽𝒇𝒂𝒄     (2.17) 

where ṙ is the regression rate, a is empirically determined constant with units, G0 is the mass flux, n is an empirically 

determined dimensionless constant, and RVfac is a regression factor accounting for the vortex injection. Keep in mind 

that constants a and n are only when used in conjunction with G0 of a specific set of units determined at the time of 

testing and recording. The conditions under which a test was conducted (chamber pressure/temperature, injector 

design/area, etc.) play a large role in determining the values of constants a and n. The vortex regression factor (RVfac) 

is left with a magnitude of 1 to indicate no change to the non-vortex induced regression rate.  

With determination of the regression rate, the mass lost and ultimately the mass flow rate of fuel is 

calculated by using the difference in volumes of the fuel grain before and after an iteration: 
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   (2.18) 

where 𝐴𝑝𝑜𝑟𝑡𝑛𝑒𝑤
 is the area of the current port after accounting for the increase in diameter due to the regression rate, 

𝐴𝑝𝑜𝑟𝑡𝑜𝑙𝑑
 is the area of the previous iteration, 𝐿𝑔𝑟𝑎𝑖𝑛 is the length of the grain, 𝜌𝑓𝑢𝑒𝑙 is the density of the fuel, and 

𝑡 𝑠𝑡𝑒𝑝 is the time step. Note that 𝐿𝑔𝑟𝑎𝑖𝑛 does not change. This is an assumption based on the fact that the regression 

rate on the top and bottom of the fuels is different from that of the port. Testing is 

required to determine the proper values. 

The mass flow rates of the oxidizer and the fuel are added together to 

determine the total mass flow rate. Additionally, the effective OF ratio curve for 

the combustion process can be determined by taking a ratio of the respective mass 

flow rates at each time step.  With the OF ratio known at every time step, the 

 
Figure 2.15: Combustion Chamber 

Temperature HTPB 



      30 

adiabatic flame temperature can be determined using the Combustion Chamber Temperature figure from from 

AIAA 2011-5909.16 The graph shows multiple flame temp vs OF curves for varying combustion chamber pressure 

levels. A curve fit was generated for the 580 Psi curve (~4000 kPa) resulting in a peak temperature of about 5345.33 

oF (~3225 K). The curve fit was constrained from OF ratios of 1 to 12. After 12 the adiabatic flame temperature was 

assumed to be 4940.33 oF. It should be noted that this method of calculation is only valid for HTPB. More research 

would have to be uncovered for additional fuel modeling. Currently any modeling would assume a similar 

temperature-OF relationship. Additionally, the assumption that the adiabatic flame temperature is the entire 

combustion chamber temperature is not entirely valid. During the first several seconds of the burn, the heat will be 

distributed rapidly to the insulator layer and ultimately to the walls of the combustion chamber. Therefore the grain 

will initialy not be burning at the adiabatic flame temperature.  

The determination of the exit velocity is possible through the following equation: 

 

𝑽𝒆 =  √𝟐 ∗ 𝑻𝒄𝒄 ∗ 𝑹𝒑𝒓 ∗ (
𝜸𝒑𝒓

𝜸𝒑𝒓 − 𝟏
) ∗ (𝟏 − (

𝑷𝒂

𝑷𝒄𝒄

)

(𝜸𝒑𝒓−𝟏)

𝜸𝒑𝒓
) 

 

   (2.19) 

where 𝑉𝑒 is velocity at the exit to the nozzle, 𝑇𝑐𝑐 is the temperature of the combustion chamber, 𝑃𝑎 is the 

ambient pressure, 𝑃𝑐𝑐  is the pressure of the combustion chamber, and 𝛾𝑝𝑟 is the specific heat ratio of the combustion 

products. It should be noted that 𝑇𝑐𝑐 is held constant. Later implementation will relate chamber temperature to the 

adiabatic flame temperature through the effective OF ratio to incorporate a variable chamber temperature. Currently, 

the algorithm assumes an ideal constant temperature based on the adiabatic flame temperature of an ideal 

combustion reaction. 

To calculate thrust the thrust curve, the mass flow rate of the propellant (a summation between the mass flow 

rate of oxidizer and the mass flow rate of fuel) is multiplied by the exit velocity. The total impulse if calculated by: 

 
𝑰𝒎𝒑𝒖𝒍𝒔𝒆 =  ∫ 𝑭𝒕𝒉𝒓𝒖𝒔𝒕 · 𝒅𝒕

𝑩𝒖𝒓𝒏 𝒐𝒖𝒕 

𝟎

 
   (2.20) 

To numerically integrate over the thrust curve for impulse, the algorithm uses a trapezoidal integration 

approximation. Consequently, a possibility exists of possibly skewed results at unstable points in the curve.  

2.6  Engine Specifications  

This section covers the specifications on the propulsion system and include values derived from the 

aforementioned MATLAB code and processes. These values were determined in conjunction with Dynamics and 

Operations providing impulse and thrust requirements. All values given are based on a N2O/HTPB hybrid with a 

circular port and without vortex injection. The calculations are subject to change based on parameter constraints, 

testing results, material availability, and monetary constraints. 
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2.6.1 Initial Parameters  

The following table outlines the initial parameters used in the calculation for impulse and thrust given to 

Dynamics and Operations for altitude determination. As stated earlier, these calculations are based on a N2O/HTPB 

hybrid: 

 

The volume of the tank is assuming the use of the Luxfer T137A or the T144A. The initial temperature assumes 

the oxidizer in the tank is able to reach the ambient temperature. Currently there is no need to add helium as a 

pressurizing gas. Combustion chamber pressure is set at ambient pressure and arbitrary temperature close to 

ambient.  Additionally, the characteristic velocity was set constant at 5283 ft/s, and the main stopping condition is 

un-choking pressure of 23 psi.  

2.6.2 Pressures/Temperatures  

The following figures detail the change in temperature and pressure in both the tank and the combustion 

chamber.  

Table 2.4: Initial Parameters 

Initial Parameters 

Vtank 11

00 

in3 

Initial Tox 85 0F 

N20 weight 21

.25 

lb 

He weight 0 lb 

Initial Pcc 14

.7 

psi 

Initial Tcc 80

.33 

0F 

 

          

Figure 2.16 System Temperature 
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 For the chamber temperature plot, the temperature steadily increases until the beginning of the gas phase. Here, 

the engine transition to a fuel rich combustion resulting in a dramatic decrease in temperature. For the oxidizer 

temperature plot, the oxidizer slowly decreases in temperature as the gas boils off to maintain its vapor pressure 

losing energy in the process. Once all the liquid oxidizer has been depleted, the gaseous oxidizer rapidly leaves the 

tank causing a dramatic decrease in temperature. The pressure in the tank is represented by the purple curve while 

the chamber pressure is shown by the light blue line. As stated earlier, the tank pressure is solely based on the vapor 

pressure of Nitrous Oxide. No helium was added to this simulation. The design targeted a maximum chamber 

pressure of 400 psi. As can be seen in the figure, there is a slight pressure spike during the first 1/10th of second. 

This is attributed to the large pressure differential at the start of the run. Another sharp change in chamber pressure 

occurs at the beginning of the gas phase. This is due to the dramatically reduced density of the oxidizer entering the 

combustion chamber. This causes a mathematically instability that the algorithm corrects for over next several 

iterations.  The simulation stops when the chamber pressure reaches the calculated unchoked pressure of 23 psi. 

 

Figure 2.17 System Pressure 
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2.6.3 Mass Flow Rates  

The following figures details the change mass and mass flow rate throughout the engine system: 

 

The figure to the right shows the amount of nitrous oxide in liquid and gaseous form over the course of the 

burn. As the figure deails, it is assumed that no gaseous oxidizer leaves the tank until all of the liquid oxidizer has 

been depleted. The figure on the right shows the mass flow rates of the oxdizer, the fuel, and the combination of the 

two labeled propellent. Similar to the chamber pressure curve, a large spike in mass flow rate occurs due to the large 

pressure differencial. The flow rates dramatically decrease at the onset of the gas phase. 

The OF ratio figure details the change in OF ratio over time. The current design calls for a fuel lean burn for the 

majority of the liquid phase and then dropping to fuel rich as the gas phase proceeds to completions. The adibatic 

 

Figure 2.18 System Flow Rates 
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Figure 2.19 OF Ratio 
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flame temperature discussed in a previous section does not seem to fall too far below the max temperature in fuel 

lean combustions. The reasoning behind running fuel lean was to allow for minimal changes in design if the vortex 

injection produces the necessary increase in regression rate. As discussed in the fuel choice section, an increase of 

21.5 % in N20/HTPB regression rate would move the OF ratio to an average on the ideal OF ratio of 6.5. 

2.6.4 Thrust 

The following figure details the targeted thrust curve used team wide for calculations: 

The curve matches with similar circular port, N20/HTPB hybrid engines static tests found. The initial spike is again 

attributed to the large pressure differential described earlier. There is a slight mathimatical instability due to the 

rapid decrease in flow rate, but the algorithm corrects for the descrepency and continues to acurately model the 

engines thrust. 

The peak thrust is calculated to be 660.42  lbf while the overall average (including the gas phase) is 342.28 lbf. The 

liquid phase burn time is 9.61 secs while the total burn time is 16.80 secs. Based on this curve, the impulse is 

calculated to be 5749.20 lbf-sec. 

Because of the adiabatic flame temperature – combustion chamber temperature assumption, the thrust 

instantaneously spikes. When the heat transfer approximations are included, the thrust builds to the peak. More work 

will be done to account for this feature. 
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Figure 2.20 Thrust Curve 
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Figure 3.1 Vehicle Free-Body Diagram 
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3. Dynamics 

 Trajectory 

In order to estimate the rockets trajectory and provide design 

parameters for the other sub-teams, a model of the rocket’s dynamics was 

desired. By making various assumptions and simplifications, standard equations 

of motion were able to be applied to the rocket. These equations were then 

solved using a script in Matlab which allowed for adjustable initial conditions 

and in-depth analysis of the rocket’s flight. 

3.1.1 Dynamics Model 

 One translational degree of freedom was selected for the rocket in order 

to simplify calculations, reduce computation time, and allow for easy and quick 

iteration through new design parameters. Moreover the stability derivatives for 

the rocket which are needed for rotational degrees of freedom are unknown. It 

was because of this that only three forces were considered for the model: thrust, 

drag, and gravity which can be seen acting on the rocket in Figure 3.1. Thrust 

was obtained through data that closely represented the expected thrust output of 

the rocket over time. Drag was obtained through Eq. (3.1): 
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      𝐷 =
1

2
𝐶𝐷𝜌𝐴

𝑑𝑦

𝑑𝑡

2
                                           (3.1) 

Where D is drag, CD is the coefficient of drag, ρ is air density which is a function of altitude, A is the area 

frontal projection area (the frontal areas of the nose cones and fins), and 
𝑑𝑦

𝑑𝑡
 is the velocity of the rocket. The air 

density ρ was calculated assuming standard atmosphere conditions for the gradient region which gives Eq. (3.2). 

𝜌 =  𝜌1 (
𝑇1+ 𝑎(𝑦−𝑦1)

𝑇1
)

−(
𝑔

𝐴𝑅
+1)

     (3.2) 

In this equation ρ1 is air density at launch site, T1 is air temperature at launch site, a is the atmospheric lapse 

rate, y is the current altitude of the rocket, y1 is the altitude of the launch site, and R is the ideal gas constant for air. 

Finally, the force of gravity was calculated by simply multiplying the mass of the rocket by g (32.185 ft/s2). Adding 

all the forces acting on the rocket together gives the following: 

                                                      ∑ 𝐹𝑦 = 𝑚
𝑑2𝑦

𝑑𝑡2 = (𝑇 − 𝑚𝑔 −
1

2
𝐶𝐷𝜌𝐴

𝑑𝑦

𝑑𝑡

2
)                               (3.3) 

In which m is mass, T is thrust, and 
𝑑2𝑦

𝑑𝑡2  is the acceleration of the rocket. Drag was modeled as always negative 

since the trajectory of the rocket was not needed after apogee. Additionally it would not be accurate anyway once 

the chutes of the rocket deployed.  

3.1.2 Simulation 

 The 1-D model Matlab code uses data for thrust and mass loss obtained from an engine code which will be 

discussed in the propulsion 

portion of this report. In addition 

to this data, the code also uses 

variable CD versus Mach number 

values obtained by modeling the 

rocket in RASAero. The CD vs. 

Mach data used can be seen in 

Figure 3.2. Thrust, mass loss, 

and CD were all obtained as 

discrete points and were 

interpolated to ensure that they 

would be defined at any point 

required. Along with the 

aforementioned values, density 

as seen in Eq. (3.2), speed of 

sound, and temperature were all 

variable. Only gravity was 

 

Figure 3.2 Cd vs. Mach number 
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assumed to be constant as the rocket does not fly high enough to encounter a significant difference.  

These parameters were used with Eq. (3.4) and Matlab’s ODE45 solver. ODE45, which utilizes Runge-

Kutta method, was chosen because it is considered to be an accurate method for solving non-linear 2nd order 

ordinary differential equations. The code was used to find altitude, velocity, acceleration, and drag over time. 

Specific desired outputs included max altitude, max velocity/Mach, max drag force, max acceleration, and velocity 

off the launch rail. Finally, a comparison of max altitude versus our target altitude of 19,000ft was also included. 

𝑑2𝑦

𝑑𝑡2 =
1

𝑚(𝑡)
(𝑇(𝑡) − 𝑚(𝑡)𝑔 −

1

2
𝐶𝐷(𝑀)𝜌(𝑦)𝐴

𝑑𝑦

𝑑𝑡

2
)                                               (3.4) 

 

 

 

 

 

 

 

 

 

 

 Figure 3.3 Altitude vs. Time 

Figure 3.4 Velocity vs. Time 
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Figure 3.5 Acceleration vs. Time 
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Figure 3.7 Mach Number Graph 

 

Table 3.1 Matlab Modeling Input and Result 

Inputs 

Initial Temperature 80°F 

Initial Density .001958 slugs/ft3 

Initial Weight 120 lbs 

Frontal Projection Area .394 ft2 

Outputs 

Max Altitude 20043.61 ft 

Max Velocity 1041.21 ft/s 

Max Mach .9330 

Max Drag Force 105.1513 lbs 

Max Acceleration 141.1773 ft/s3 / 4.388 g 

Velocity Off Rail 73.74 ft/s 

 

Figure 3.6 Drag vs. Time 
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From these results it can be seen the rocket reaches an altitude of 20,000 ft and a max velocity of 1041 ft/s. 

This is 1,000 ft beyond the target altitude, but with extra drag due to manufacturing defects, it is expected that the 

actual apogee will be closer to the target. On a final note, about 10 seconds of the rockets 37 seconds to apogee are 

spent above 0.7 Mach. For this reason the rocket was optimized for transsonic flight.  

  Body Optimization 

3.2.1 Motivation 

One of the first changes made from SRT-2 to SRT-3 was an increase in target altitude from 10,000 feet to 

18,000 feet.  This created the need for an oxidizer tank with an increase in volume compared to the SRT 2 rocket.  

Before any decisions could be made structurally or in the propulsion of the rocket, the dimensions of the rocket 

needed to be decided.  TAMU SRT has used carbon fiber pressure vessels in the past, but the pressure vessel used 

last year is the longest carbon fiber vessel with its diameter available in carbon fiber.  Any increase in length would 

need to have an aluminum oxidizer tank, which would cause an increase in overall mass for the rocket. 

3.2.2 Modeling 

In order to see if an increase in diameter or an increase in length would benefit the maximum altitude of the 

rocket more, pairs of rockets with constant volume, but different dimensions were tested in RASAero.  Starting at 

the SRT 2 rocket’s dimensions with a length of 105 inches and a diameter of 6.6 inches, one member of each pair 

would receive an increase in length, while the other would have an increase in diameter.  Each model accounts for 

the added mass from the body tube and the oxidizer tank that is used.  The oxidizer tanks in the longer rockets are 

aluminum, because the lack of carbon fiber oxidizer tanks available in length longer than SRT 2.  All other parts of 

the rocket use the dimensions of the SRT 2 rocket, including the density of the carbon fiber used, the center of mass, 

and the mass of the other parts of the rocket such as the engine.  The simulations used identical fins, and shared the 

same type of nose cone and tail cone with identical fineness ratios. 
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3.2.3 Results 

 

Figure 3.8 

compares the maximum 

altitudes that pairs of equal 

volume body rockets would 

reach in subsonic flight 

using a M1000 COTS solid 

engine.  One of the main 

reasons that caused a larger 

difference was that the 

rockets with longer tubes 

have a larger mass than the 

rockets with a larger 

diameter, due to the added 

mass of the aluminum 

oxidizer tanks. 

Figure 3.9 compares the maximum altitudes for the same rockets as in figure 3.1, but uses a N2000W 

COTS solid engine in 

supersonic flight. The 

data shows that for 

small changes in 

volume a longer rocket 

is better than a wider 

one, but as the volume 

continues to increase a 

wider rocket becomes 

more and more able to 

reach a higher altitude.  

The reason the longer 

rockets may be better 

for the small changes in 

volume may be because 

the body dimensions 

may approach the 

supersonic ideal fineness ratio. 

 

Figure 3.8 Altitude vs. Volume (Subsonic) 

6000

6500

7000

7500

8000

8500

9000

9500

10000

10500

11000

11500

13000 14000 15000 16000 17000 18000 19000

M
ax

im
u
m

 A
lt

it
u
d

e 
(f

t)

Volume (in3)

Constant Length

Constant Diameter

 

 

Figure 3.9 Altitude vs. Volume (Supersonic) 
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The propulsion team wanted a pressure vessel that would increase the volume to about the same volume of 

the larger simulations.  Both the subsonic and the supersonic simulations show that at the larger volumes that the 

best choice for increasing volume is to have a rocket with a larger diameter rather than a longer rocket. 

  Nose Cone Design  

The majority of the rocket’s flight will take place in the subsonic regime. For this reason, supersonic conditions 

were not taken into consideration during the design process because pure optimization in either supersonic or 

subsonic flight directly leads to inefficiency in the other regime. This led to a search for nose cone shapes that would 

minimize drag for the rocket while it was travelling at subsonic speeds. For this specific regime, the main 

contributors to drag would be the skin-friction drag and the pressure drag. As such, a nose cone that minimized the 

surface area was desired in order to minimize the skin-friction drag.  Preliminary investigation13 indicated the 

Ellipsoid/Elliptical nose cone would be the best choice on account of its blunt apex and smooth transition to the 

body tube; however, further investigation was conducted to look for other potential candidates that were optimal at 

subsonic and transonic speeds. Other nose cones that were looked at include the Half-Power, Stand-Off Spike and 

Von Kármán. The Stand-Off Spike was eliminated because it is inadequate for subsonic speeds and, not to mention, 

difficult to manufacture. The Von Kármán nose cone was eliminated since it is typically meant for higher-end 

transonic and supersonic speeds, leaving the Elliptical and Half-Power as the final candidates. Simulations were run 

on these two in order to determine which one has the least drag. 

 

 

 

 

 

Figure 3.10. Half-Power Profile 

 

 

Figure 3.3. Elliptical Nose Cone 
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3.3.1 CFD Analysis 

During the design process, simulations were run with STAR-CCM+ to allow for greater accuracy determining 

the drag coefficient and ultimately, the optimal length for the nose cone. Each test was run at Mach 0.8 with the 

same physical condition and the similar mesh continua. Since the fineness ratios vary for both nose cones, it was 

necessary to vary the mesh continua as well. There is limited documentation available that specified an optimal 

length for the nose cone, so the fineness ratio was left as a variable to determine a ratio that produced the least 

amount of drag. Because the fineness ratio affects the length of the nose cone, it also affects the drag that the nose 

cone would experience. The fineness ratio was varied from 1:1 to 4:1 for the simulations since any fineness ratio 

larger than 4:1 did not decrease drag11. Thus, the simulations will help in determining how long the nose cone 

should be. 

 

The outer diameter of the rocket had been previously determined to be 6.7 in, based on an estimated diameter 

of the enclosed oxidizer tank.  This diameter value was used for all nose cone models during simulation. Eqn. 3.5 

was used to create the model of the nose cone, with a 4 ft. (48 in.) body-tube added in order to have minimal body-

tube effects in the simulation.  The data revealed that as the fineness ratio increased, the drag coefficient initially 

decreased before increasing, at a fineness ratio greater than 3:1. This corroborated with an increase in skin-friction 

drag over the surface of the rocket as the nose cone increased in length. Table 3.3 and Figure 3.13 show the results 

of the simulation. 

The Half-Power had the lowest Cd at a fineness ratio of 3, as seen in 

Table 3.3.  From the data found from the simulations, the information from 

Danish amateur rocketeer’s paper was verified to some extent.   

Figure 3.10 shows fineness ratios from 1-4 for the simulations as well 

as the scale of the Mach speed; the effects of the flow around the nose cones 

for all variations of fineness ratio are illustrated.  As the nose cone 

increased, regions that once reached Mach 1 began to decrease in size.  

 

Figure 3.12. Half-Power Results (Fineness Ratio vs. Cd) 
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Table 3.3 Half Power 

Simulation Results 
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The relationship between fineness ratio and drag coefficient was also a major consideration when selecting a 

nose cone. The simulation data for the elliptical nose cone revealed that the drag coefficient initially decreased as 

fineness ratio increased, until a ratio of about 3. The drag coefficient then began to rise as the fineness ratio 

increased past 3. This trend directly represented the previously mentioned documentation. The reason for this trend 

is because at subsonic speeds, skin friction drag becomes the main contributor to drag. Therefore, the larger the 

surface area, the higher the total drag. This becomes apparent at a fineness ratio of about 3 and beyond. The initial 

drop in drag is due to the abrupt change in the geometry of the nose cone for low fineness ratios (discussed in further 

detail later). 

Plotted in Figure 3.14 is the STAR-CCM+ flow simulation data for the elliptical nosecone: 

 

The actual drag coefficient values from simulation are tabulated in Table 3.4:  

 

Figure 3.13. Nose Cone Scene w/Fineness Ratios 

 

Figure 3.14. Fineness Ratio vs. Drag Coefficient 
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The effects of the fineness ratio on the speed of the airflow across the surface of the rocket is shown in Figure 

2.15. 

Mach number is increased dramatically around the transition area from the nose cone to the rocket body on the 

lower fineness ratios. This is an effect of the more abrupt change of the rocket shape due to the stubbiness of the 

smaller fineness ratios. When airflow is modified less rapidly, the flow is steadier and less turbulent leading to a 

smaller amount of separation, if any at all. This is one of the reasons that the lower fineness ratios aren’t producing 

the lowest drag forces. 

 

3.3.2 Conclusion 

After all the considered nose cones had been tested, the results of each test were compared. The variation of the 

fineness ratio resulted in similar trends related to the drag coefficient produced by both nose cones. The Half-Power 

nose cone produced the lowest drag coefficient out of all the simulations that were run, with the lowest Cd being 

found at fineness ratio 3:1. A key achievement was the fact that the data found from the simulations corroborated 

with information found in the paper, “Nose Cone Drag Study for the SStS Rocket,”11. As the fineness ratio 

Table 3.1. Fineness Ratio vs. Drag Coefficient 

Fineness Ratio CD 

1 0.352041 

2 0.350526 

3 0.348624 

4 0.3533  

 

 

 

 

 

  

 

 

 

Figure 3.15. Mach Number on Elliptical Nose Cone 
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increased past 3:1, the drag coefficients began to increase, as illustrated in Figure 3.16. With all this information, the 

Half-Power nose cone generated was selected to be the nose cone used in the final rocket design. While the results 

for lowest Cd were found at fineness ratio 3:1, further testing will be conducted to find an idealized fineness ratio in 

order to produce the lowest drag coefficient possible. This number was found by using a least-squares fit and finding 

the roots of the quadratic equation that was generated.   

 

 Tail Cone Design  

A tail cone is an addition to the base of the rocket with the specific goal of reducing the base drag the rocket 

experiences during flight. In general, tail cones are not practical or necessary; tail cones are only beneficial for coast 

phases of a rocket ascent. While a rocket is under power of the motor, the exhaust leaving the nozzle serves to break 

the vortex attempting to form behind the rocket. The tail cone functions to minimize this vortex once burnout of the 

rocket has occurred. Also, with speeds exceeding Mach 1, information gathered suggests the magnitude of the base 

drag reduction decreases, discounting the benefits of incorporating a tail cone into the design of the rocket. 

However, for limited applications (with parameters being flow speed below Mach 1 and general sounding rocket 

dimensions, and mostly vertical flight) the tail cone benefits are greatly magnified. According to a document 

published by the Military Technical College in Cairo, Egypt, base drag contributes 35-50% of the total drag during 

the early stages of the coast phases of a projectile7. Referencing the same document, the inclusion of a boat tail (fins 

attached to transitioning geometry) or tail cone has the capability of reducing the coefficient of drag of the projectile 

by nearly 60% during the coast phase of the rockets ascent. After concluding preliminary analysis, it was decided 

that incorporating a tail cone into the final design merited further investigation and CFD analysis.  

There are several valid geometries for tail cones. Very loosely, most nose cone candidates are valid tail cone 

candidates as well with minimal modification.  However, published information suggested that a conical geometry 

tail cone produced the lowest C as compared to geometries such as the tangent ogive and the ellipsoid7.  Accepting 

 

Figure 3.6. Comparison of Elliptical and Half-Power Data 
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those results, as well as considering the ease of manufacturing, and accounting for limited amount of time to 

complete CFD analysis and verification, a targeted analysis of the conical geometry was decided to be the best 

course of action. 

3.4.1 CFD Analysis 

To best determine a trend, four variations of the conical tail cone design were initially tested under the 

standardized condition discussed in the previous section. The units for length were decided to be in calibers. A 

caliber is a dynamic unit where each caliber is the diameter of the rocket body. By using this dynamic unit, results 

could be scaled easily. The minimum and maximum tail cone diameters were held as fixed parameters across all 

tests while the length of the tail cone was varied in half caliber increments from .5 calibers to 2 calibers. Each tail 

cone was attached to a four-foot rocket body and nosecone of 6.7 in. in diameter. This was done so as to achieve a 

realistic flow and allowed for a better translation of the CFD results to the actual design. For a control test, the 

rocket body was simulated without a tail cone. The initial trend verification consisted of 5 simulations conducted in 

Star-CCM+.  

To verify an optimal length had been determined, two simulations were conducted at a 16 degree tail cone taper 

angle with one at a 1 caliber length and the other at a 1.5 caliber length.  

Once the optimal length of the tail cone was determined and verified from the previous trend analysis, a new 

round of simulations were conducted to determine the trend for the variation of the tail cone taper angle. Simulations 

were conducted varying the taper angle from 8 degrees to 18 degrees in increments of two degrees. Previous 

simulation data with testing model geometries falling within the taper angle experimental range were used in 

conjunction with new data. 

The results of the length simulations are shown in Error! Reference source not found.. These simulation data 

points were very close to the results stated by specific information gathered prior to the simulations. Because of that, 

the trend shown in Error! Reference source not found. was deemed valid and was used to make further decisions 

regarding the final design. It is important to note that the actual coefficient of drag values listed were used solely for 

the purpose of identifying a trend.  
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The results of the taper angle simulations are shown in Error! Reference source not found.. The taper angle 

trend discussed here is under the assumption that 1.25 calibers is the ideal length. It is important to note that the 

variation did not change the Cd as drastically as the length variation trend discussed earlier in the section. As the 

taper angle increased from 8 degrees to about 14.5 degrees, the coefficient of drag decreased to its lowest point of all 

tests conducted. The lowest value matched the lowest interpolated value of the length trend analysis. After about 

14.5 degrees, the Cd increased slowly to the end of the test range at 18 degrees.  

Figure 3.4. Tail Cone Length Trend 

 

0

0.05

0.1

0.15

0.2

0.25

0.3

0.35

0 0.5 1 1.5 2 2.5

C
d

Calibers

Tailcone Length Trend

Table 3.2. Tail Cone Length Results 

 Cd Reduction Cd 

No Tail N/A 0.28977 

.5 Caliber 30% 0.202913 

1 Caliber 61% 0.113309 

1.5 Caliber 64% 0.105016 

2 Caliber 63% 0.107139 
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In addition to variation of taper angles, two tests were conducted at a taper angle of 16 degrees; one at 1 caliber 

in length and another at 1.5 caliber in length. The results of this test confirmed the ideal length was indeed very 

close to 1.25 calibers. Also, this test brought about the possibility of an optimal angle for each length. Because the 

purpose of this project was to develop trends for tail cone variations and not necessarily determine an ideal angle-

length combination, this was the end of the trend analysis conducted.  

 

3.4.2 Conclusion 

As stated earlier, the main goal of the CFD 

analysis for the tail cone was to identify a trend in the 

coefficient of drag values with respect to the length 

(measured in calibers from the base of the rocket) and 

taper angle of the tail cone. From Error! Reference 

source not found., the overall length trend can be 

divided into two distinct tendencies. 

 

 

Figure 3.5. Tail Cone Taper Angle 
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The first distinct trend is that the coefficient of drag of the rocket body decreases as the length of the tail cone 

approaches 1.25 calibers. This trend was similar to the one discusses in a document published by the Military 

Technical College in Cairo, Egypt.7 The trend is characteristic of pressure drag minimization. The addition of the 

tail cone and subsequent increase in the tail cone length reduces the stagnation point behind the rocket, causing the 

pressure drag experienced by the rocket to decrease. The vortex at the base of the rocket is weakened, consequently 

decreasing the base drag. The results from the CFD simulations clearly illustrate this effect. Error! Reference 

source not found. shows scalar scenes as the length of the tail cone is increased. The reduction in the size of the 

stagnated region behind the rocket body is visible and corroborates with the trend in the results of the CFD.  

The second length trend begins after 1.25 calibers, where the coefficient of the rocket body begins to slowly 

increase. This is attributed to the increase in surface friction drag. As the tail cone length increases, the surface area 

of the tail cone also increases, thereby increasing the skin friction drag. At greater calibers of length, skin friction 

drag becomes much more pronounced.  

Figure 3.18 shows the determined trend with respect to the tail cone taper angle. While there is not a dramatic 

change in cd values with the variation in taper angles, the change was not something that could be ignored. As the 

taper angle increases from 8 to about 14.5 degrees, the stagnation point at the end of the tail cone is decreased 

resulting in lower drag; however, once the taper angle increases beyond 14.5 degrees, it is likely that the transition 

between the airframe and the tail cone becomes drastic enough to cause the separation of flow at that point.  

 Fin Profile 

3.5.1 Methodology 

From the results discussed previously in Section 3.2.1, it should be clear that the vehicle will spend a significant 

portion of its flight in the transonic regime, and as a result will be subject to aerodynamic phenomena that are 

characteristic of the transonic regime, such as shock-induced flow separation. The fins of a rocket inherently 

protrude into the surrounding airflow, and consequently are significant contributors to the overall drag force on the 

vehicle. This has led to the conclusion that the primary objective in optimizing the cross-sectional profile of the fins 

is to decrease the effects of transonic flow phenomena, in order to delay the onset of drag divergence at high 

Figure 3.6. Direct Mach Scalar Scene Comparison 
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transonic speeds. While this is the primary goal, the fins still need to possess suitable low speed lift characteristics, 

so that they may serve their intended purpose, which is to stabilize the rocket after it has left the launch rail. From 

these general guidelines, a systematic approach was developed for the design and optimization of the fin profile.  

First, a few general families of airfoil shapes were targeted, the 6-series and Supercritical family, based upon 

their historical high-speed applications in the aerospace industry. It should be noted that the only profiles considered 

were those with a 10% thickness ratio; this thickness was deemed to be large enough to provide the fins with 

suitable structural integrity, while still maintaining a relatively small aerodynamic profile. Additionally, all profiles 

selected were symmetrical, i.e. had no camber; an asymmetrical profile is unsuitable for fins on a rocket, given that 

the lift generated by such a set of fins would induce an undesirable rolling moment during the vehicle’s flight.  

Candidates selected from these families were modeled in a 2D airfoil simulation program “XFOIL”, and their 

respective surface pressure distributions were analyzed. These candidates were then modeled on a full scale rocket 

body in STAR CCM+, and the overall drag force and local velocity distributions provided another basis for 

comparison. Finally, the drag polar plots of the two most promising airfoils were superimposed and compared, 

allowing for a final decision to be made.  

3.5.2 Profile Candidates: A Remark on Flat Plate Fins 

A flat plate profile is common for high power rockets, but for the expected speed regime of subsonic/transonic, 

airfoil fins are preferred to flat plate fins because they are increasingly more efficient as speed increases. As shown 

in figure 3.10, compared to a flat plate, airfoil fins produce more lift force at smaller angles of attack which helps 

contribute to the rocket’s dynamic stability1. Similarly the dynamic corrections of an airfoil oscillates less severely 

than a flat plate which means airfoils are more efficient in flight and produce less induced drag. Also regarding 

dynamic stability, the center of gravity of an airfoil is farther forward than a flat plate which increases the stability 

margin of the fins.  

 

Figure 3.20 Cl vs. AOA 
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The result of the aforementioned comparisons shows that an airfoil cross-section will cause the rocket to fly 

straighter with less oscillation and drag which increases the efficiency of the flight and reduces the error in flight 

trajectory modeling. Therefore a flat plate profile will not be considered in the following simulations and analyses.  

3.5.3 Profile Candidates: The NACA 6-Series 

Unlike earlier airfoil series, the NACA 6-series was developed using a theoretical method in which favorable 

pressure distributions were targeted, and then geometries that produced these pressure distributions were constructed 

using advanced numerical methods2. The product of this process was a series of airfoils that encouraged large 

swaths of laminar flow, resulting in significantly lower drag coefficients than earlier airfoil series (at low angles of 

attack)3. This characteristic led to the application of 6-series airfoils to problems in which drag reduction was 

paramount, such as high-speed wing design. Of the 6-series, the 65A-010 airfoil was selected for further analysis.  

The “A” designation signifies that this airfoil has a slightly thicker trailing edge than others in its family, which 

leads to a more structurally sound fin. The second digit, “5”, indicates that the point of minimum pressure is 50% of 

the chord length back from the leading edge, further aft than most others in the 6-series. Generally, moving this 

point away from the leading edge is a good transonic design principle, because it delays the point at which shock-

induced separation will occur, leaving a smaller portion of the airfoil’s surface exposed to flow separation, 

decreasing pressure drag.   

3.5.4 Profile Candidates: The NASA Supercritical Family 

The NASA Supercritical family is a group of airfoils designed by NASA during the latter half of the 20th 

century, with the expressed intent of delaying drag divergence in the transonic regime. This family was envisioned 

to be a direct improvement over the 6-series and earlier airfoil groups in high-speed applications. The qualities 

characteristic of supercritical airfoils are a large leading edge radius, and reduced curvature over the mid-chord 

region5.  Being the only symmetrical airfoils in their family, the NASA SC(2)-0010 and the NACA/Langely 

 

Figure 3.21 NACA 65A-010 

 

         

                        Figure 3.22 NASA SC(2)-0010                               Figure 3.23  NACA/Langley Supercritical 
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Supercritical airfoils were chosen for analysis (both having a 10% thickness ratio).  

The primary distinction between the two shapes is taper near the trailing edge, which is much more prominent 

in the case of the NASA SC(2)-0010. 

3.5.5 Surface Pressure Analysis 

The three airfoils discussed previously were modeled two-dimensionally in “X-foil”, using an inviscid 

assumption and a free-stream velocity of Mach 0.8. Pressure coefficient as a function of location along the chord is 

presented below:  

 

 

The horizontal dashed line indicates the critical pressure coefficient, i.e. the point at which the local flow 

velocity over the surface of the airfoil becomes sonic. It can be seen that the magnitude of the pressure gradient 

during the second sonic transition is relatively large for the NACA 65A-010. This is an undesirable characteristic 

when designing for the transonic regime.  

Figure 3.24 Surface Pressure Distribution 
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As illustrated above, a substantial pressure gradient across the sonic transition superimposed on the inevitable 

shock wave increases the magnitude of boundary layer separation, the main culprit of transonic drag divergence5. 

 

Figure 3.26 Transonic characteristics of a Supercritical airfoil5 

On the other hand, the Supercritical airfoils have a relatively gentle pressure gradient across the transition, 

which can be attributed to the absence of any substantial curvature over the mid-chord region. As can be seen in 

Figure 3.16, this generally leads to a decrease in the extent of any flow separation that occurs. From this preliminary 

surface pressure analysis, it can be anticipated that full-scale CFD simulation will return lower drag values for the 

Supercritical airfoils than for the NACA 65A-010.  

3.5.6 CFD Analysis 

The three airfoils were applied to a full-scale model of the vehicle, and placed in CFD simulations; the 

simulations were run twice, the first with a free-steam of Mach 0.8, the second Mach 0.9, both at a density altitude 

of 5000 ft. The results are summarized below:  

Figure 3.25 Transonic characteristics of a conventional airfoil5 
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Figure 3.27 M∞ = 0.8 

 

Figure 3.28 M∞ = 0.9 

 

Table 3.5 M∞ = 0.8 
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Table 3.6 M∞ = 0.9 

 

At a free-stream of Mach 0.8, there was not enough variation between the three airfoils to come to any 

conclusions. However, at a free-stream of Mach 0.9, the vehicle models start to experience drag divergence, with the 

NACA 65A-010 causing the largest increase in drag. This is not surprising, and logically follows from the results of 

the surface pressure analysis discussed in Sec. 3.6.5.  

In Figure 3.18, the point at which the flow becomes sonic should be noted, and how the expansion of the flow 

progresses along the surface. Due to their large leading edge radii, the Supercritical airfoils encourage early 

expansion of the flow; this is preferable, because it allows for the early formation of compression waves, which 

impede the acceleration of the flow and preform isentropic (reversible, no friction losses) recompression. The 

interaction between flow expansion, compression waves, and the airfoil surface itself is illustrated below:  

 

Figure 3.29  Flow Expansion & Compression 

Additionally, the reduced surface curvature discourages rapid acceleration of the flow over the mid-chord. In 

general, the earlier the flow expands and the less the flow accelerates, more isentropic compression is performed by 

the compression waves, resulting in less non-isentropic compression that the final shock wave has to preform, 

leading to a weaker shock wave and decreasing the magnitude of the subsequent flow separation5. It is clear that the 

NACA 65A-010 is in direct conflict with these transonic design principles, by having a small leading edge radius 

that delays expansion of the flow and substantial mid-chord curvature that encourages rapid flow acceleration. From 

these results, it was concluded that the NACA 65A-010 was not suitable as a fin profile in this application, and that 
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further low speed analysis would be only be conducted on the NASA SC(2)-0010 and the NACA/Langley 

Supercritical.  

3.5.7 Low Speed Considerations 

With the use of X-foil, drag polar plots were produced for both the NASA SC(2)-0010 and the NACA/Langley 

Supercritical. This was done at a free-stream of Mach 0.1, and with a viscous flow model that used a Reynolds 

number of 1e5; these conditions best imitate those which the vehicle will experience just as it has left the launch rail, 

a point in time when it will be most vulnerable to wind and changes in its angle of attack, at point at which the low-

speed lift characteristics of an airfoil come into play. The results are summarized below:  

 

Figure 3.30 Drag Polar Plots 

The NASA SC(2)-0010, indicated by the orange curve, has a significantly lower drag coefficient at low angles 

of attack. This metric alone is enough to come to the conlusion that that it has superior low-speed characteristics; for 

this reason, and for its favorable high-speed characteristics, the NASA SC(2)-0010 airfoil was chosen as the cross-

sectional profile for the fins on this vehicle.  
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 Fin Planform & Stability 

3.6.1 Static Stability        

The stability of a rocket is of utmost importance when considering a design. The rocket must have a tendency to 

return to the path it was originally launched on in order for it to fly safely without active controls. This desired static 

stability is a result of ensuring that certain design specific parameters are in their optimal positions, two of the most 

important factors being the center of gravity and the center of pressure.  

The center of gravity is the point on a rocket where a single gravity force vector will travel through if all of the 

individual forces due to gravity are summed. This parameter is a function of the distribution of mass within the 

rocket. It is easily measured by laying the rocket horizontally and measuring the point where it is balanced, or by 

accounting for the density of all the different materials that make up the vehicle. The center of pressure is in the 

same vein; it is the point on the rocket through which the summation of all the aerodynamic forces will act. This is 

dependent on any non-cylindrical components in the design, such as the nose cone, the fins, and the tail cone. The 

center of pressure is somewhat more difficult to find, with techniques ranging from balancing a two dimensional 

cut-out of a rocket to using CFD simulations. To determine the optimal fin planform, center of pressure was 

estimated using both a set of algebraic equations produced by James Barrowman and the amateur rocket simulation 

program RASAero. 

In order for a rocket to be statically stable, the center of pressure must be located behind the center of gravity 

with respect to the nose cone. This will allow any perturbations produced due to wind to create a force that will 

restore the rocket to its original direction. The reasoning behind this can be understood with a simple thought 

experiment with a force body diagram. In Figure 3.31 below, the center of gravity and the center of pressure are 

labeled on two different rockets, one with the fins ahead of the rocket and one with the fins behind the rocket. In 

reference to Figure 3.1, we take the angle of attack, α, to be 0 when the rocket is vertical and positive in the 

counterclockwise direction. For the rocket with the center of pressure behind the center of gravity, whenever α is 

decreased, an aerodynamic force produced mainly by the fins acts through the center of pressure and creates a 

positive restoring moment about the center of gravity. We can describe Mcg, by its dimensionless coefficient, CM,cg. 

It can easily be seen that if the reverse were to happen, meaning that α is increased, that the opposite effect will 

occur: CM,cg will become a negative number. Any change in α will produce a change in CM,cg in the opposite sign. 

This can be written as 
𝜕𝐶𝑀,cg 

𝜕𝛼
<  0. This is a condition for any rocket that is statically stable and will have a tendency 

to return to its equilibrium flight path. Through the same analysis for the rocket to the right in Figure 3.31, we can 

determine that for this configuration, 
𝜕𝐶𝑀,cg 

𝜕𝛼
> 0,  which means that the rocket is statically unstable. [1] 
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Figure 3.31 Rocket Stability 

The next design question to be decided on is how far back the center of pressure should be placed behind the 

center of gravity. The generally accepted rule of thumb is that the distance should be 1-2 calibers, or 1-2 times the 

maximum diameter of the rocket. [2] For this rocket at this phase in the design process, a distance of 1.5 calibers will 

be used. This is to give the rocket a buffer zone to prevent an unstable flight. This could occur if the initial mass 

distribution estimate is incorrect and the center of gravity is farther back on the rocket than expected, or if the rocket 

is launched on a windy day. As can be seen in the vector diagram in Figure 3.32, any cross wind will increase the 

effective angle of attack, which in turn moves the center of pressure closer to the center of gravity. The 1.5 caliber 

distance between the two parameters should ensure that our rocket remains safe in flight. 

 

Figure 3.32  
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3.6.2 Planform Geometry  

Initially, a MATLAB code was written that would use the Barrowman equations to find a set of fins that 

produced a center of pressure 1.5 ± 0.25 calibers behind the center of gravity. The code changed the length of the 

root chord, the tip chord, and the span, and recorded the planform if the center of pressure was in the specified 

range. All of these fins were of the clipped delta variety, with the trailing edge perpendicular to the body tube. The 

Barrowman equations take certain assumptions into account: the angle of attack of the rocket is low, and the fins are 

placed on the body tube. The first assumption is valid for this rocket as the trajectory will be near vertical. The 

second assumption was also valid for these fins as they were placed so that the trailing edge was 1 inch forward of 

the end of the body tube. However, it was found that a large reduction in the coefficient of drag could be produced 

by moving the fins to the tail cone, where the Barrowman equations are no longer valid. As such, all subsequent 

center of pressure values were taken from RASAero.  

For the set of fins placed on the tail cone, a few restrictions were imposed. First, the root chord was held 

constant at the length of the tail cone, which was found to minimize drag. Secondly, the angle made between the 

plane of the base of the rocket and the trailing edge of the fins was limited to a minimum of 10 degrees. This was 

done in order to protect the fins from impacting the ground before the base of the rocket upon descent, which could 

easily damage the fins. In order to optimize the fin planform, only one dimension was allowed to be variable at a 

time. Figure 3.33 is included to define what part of the fin is being referenced by each dimension name. 

 

Figure 3.33 

Span was the first dimension analyzed. The extremes of the variations tested are shown in Figure 3.34, where 

the red section is the fin and the dark gray section is the tail cone. It was found to have a near linear, positive 

relationship with CD, as can be seen in Figure 3.35. Also, the center of pressure increased as span increased. The 

reason for these effects is that the span controls how far the fin sticks out into the flow surrounding the rocket and 
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the surface area of the fins, so it increases the fins’ effects on drag and center of pressure movement. For the next set 

of data, a low span was chosen to minimize drag. 

 

Figure 3.34 

 

Figure 3.36 

Next, the effects of the sweep of the fin were tested, varying between the two positions shown in Figure 3.37. 

As opposed to measuring a more traditional angle, such as the angle made between the body tube and the leading 

edge, the opposite angle was chosen. It has been labeled sweep angle up and is the angle between the base of the 

rocket and the trailing edge. This was done in order to ensure that the test sections adhered the restrictions set forth 

earlier. This variable produced a graph resembling a concave down parabola, with drag lowest at low and high 

angles. Two different orientations of the fins created similar drag decreases in part because swept wings have 

roughly the same effect on the coefficient of drag whether they are swept forward or swept backward. [4] The center 
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of pressure followed a more predictable curve, moving forward on the rocket as the sweep angle up increased. This 

is to be as expected because as this angle increases, more of the surface area of the fins are placed farther forward on 

the rocket. The fact that drag was lowest at both low and high angles as opposed to having a single local minimum 

resulted in two designs being analyzed with respect to tip chord length: forward swept fins and trapezoidal fins. 

 

Figure 3.37 

 

Figure 3.38 

The forward swept fin was tested at a constant sweep distance of -5 inches, meaning the beginning of the tip 

chord was 5 inches forward of the beginning of the root chord, and tip chord was varied from 0 to 14 inches. As can 

be seen from Figure 3.40, drag is lowest around the region where tip chord is roughly equal to the sweep distance. 

While this is the lowest coefficient of drag produced, the center of pressure is more than 1 caliber in front of center 
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of gravity as opposed to behind it, so this particular planform is invalid. Further attempts to move the center of 

pressure to its desired location resulted in a planform that had a large span and a drag that was higher than data 

indicated the trapezoidal fin would be. In addition, this planform would be worse structurally as a longer span 

produces fin flutter, and the fact that most of the fin would be forward of where it was attached might produce 

unwanted stresses within the fin. Because of these reasons, the forward swept fin planform was abandoned. 

 

Figure 3.39 

 

Figure 3.40 

For the trapezoidal fin, the coefficient of drag was constant as the tip chord increased. This was convenient, as 

the tip chord could be manipulated until the center of pressure was 1.5 calibers behind the center of gravity without 

having any tradeoffs with drag. 
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Figure 3.41 

 

Figure 3.42 

3.6.3 Results 

The lowest drag planform had a few defining characteristics. The span was as short as possible, and the sweep 

angle up was as low as possible. When in this configuration, the tip chord had no effect on the coefficient of drag. 

The final dimensions are listed in Table 3.7, and the design is shown in Figure 3.43. Table 3.8 contains the center of 

pressure estimated using a few different methods. It has been calculated using the original Barrowman equations, 

RASAero, Rogers Modified Barrowman equations, and a CFD analysis using STAR CCM.  

 

Table 3.7 Final Fin Planform Dimensions 

Root Chord 
[in] 

Tip Chord 
[in] 

Sweep Distance 
[in] 

Sweep Angle Up 
[deg] 

Span 
[in] 

CP [in] Cd 

10.625 2.5 6.335281146 
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Table 3.8 Stability Summary 

Method Center of Pressure 
Location [in] 
α=0 

Static 
Stability 
Margin 

Center of 
Pressure 
Location [in] 
α=15 

Static 
Stability 
Margin 

Original Barrowman 
Equations 

83.60383045 0.18 N/A --- 

RASAero  91.876 1.20 N/A --- 

Roger Modified 
Barrowman 
Equations 

97.798 1.90 90.966 1.10 

CFD Analysis 109.965 3.30 104.525 2.60 

3.6.4 References 

1Anderson, John D. Introduction to Flight. 7th ed. New York: McGraw-Hill, 2005. 381. Print.  
2"Launching Safely in the 21st Century." National Association of Rocketry. 29 Oct. 2009. Web. 27 Oct. 2015.  
3Rogers, Charles. "Rogers Aeroscience RASAero Aerodynamic Analysis and Flight Simulation Program Users Manual." 

RASAero. Rogers Aeroscience, 2011. Web. 27 Oct. 2015.  
4Anderson, John D. Introduction to Flight. 7th ed. New York: McGraw-Hill, 2005. 593. Print.  
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4 Structures 

4.1 Body Tube 

The objective for the body tube is to determine the best material for the rocket body tube based on high 

strength, low weight, low cost, and ease of manufacturing. The main emphasis is placed on withstanding the forces 

of lift-off and landing with an extra safety factor to avoid failures. 

4.1.1. Body Tube Design 

The choice for weave angle depended greatly on the 

types of stresses that are expected on the body tube. Most of 

what the body tube will experience are a compression stress 

during lift-off due to the thrust of the motor and drag, and a 

smaller tensile stress during descent due to the drag of the 

parachute. We do not expect much shear stress. The angle of the 

fiber weave optimizes it to handle certain forces better. A 90⁰/0⁰ 

weave pattern is best for compression and tensile stresses, and a 

+45⁰/-45⁰ angle weave is optimal for handling shear stresses. Since 

we will experience large compression and tensile stresses and not 

much shear stresses, a decision was made to get a weave angle as 

close to vertical as possible however, due to the limitations of 

filament winding, +45⁰/-45⁰ is the most optimal weave angle. 

However, the very high strength of carbon fiber means that the body 

tube will be more than strong enough.  

4.1.2. Body Tube Materials 

       For choosing a material, we first started with Ashby charts comparing density to Young’s modulus and 

Strength. This was done to determine which materials offered the greatest strength to weight ratio, which is a 

material that is strong and light. Carbon fiber was determined to be the best material to use for the rocket body tube, 

except when covering the electronics bay since it causes issues with radio frequency transmission. The main reason 

carbon fiber is usually avoided is due to cost, but because it has been donated to us, this wasn’t a concern. 

 

 

 

Table 4.1. Carbon Fiber Weave comparison.1 

 

 

Figure 4.1. Carbon Fiber Weave 

Comparison.1 
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Figure 4.1. Choosing Materials Strength – Density.2 

 

Figure 4.3. Choosing Materials Young’s Modulus – Density.2 
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4.1.3. Body Tube Epoxies 

Different epoxies are needed for different parts of the rocket due to the varying conditions of the rocket. For 

areas near the engine where we expect a higher heat, a high temperature epoxy will be needed to avoid losing 

rigidity. For areas where the body tube is connected to a bulkhead, a more adhesive epoxy will be used to avoid 

separation, which is more likely in these sections due to low contact surface area. We will also need a bulkhead 

epoxy or a protective coating that will reduce the galvanic corrosion caused by the contact of two dissimilar metals 

(carbon fiber and aluminum). For the rest of the body tube we will be using a structural epoxy that is easy to work 

with to make the body tube stronger and to make manufacturing easier. 

 

4.1.4. Filament Winding 

To manufacture the body tube a filament winder (Error! Reference source not found.) will be used with 

Toray T700S 24k carbon fiber. A cardboard tube with an inner diameter of 8 inches, and outer diameter of 8.25 

inches will be placed in the filament winder as a frame for the filament to be wound on. These dimensions were 

picked based on the oxidizer tank selection and the availability of cardboard tubes. This will give the wound body 

tube an inner diameter of 8.25 inches and outer diameter of 8.5 inches. With an oxidizer tank just under eight inches 

in diameter, an 8.25 inch inside diameter gives ample space for the plumbing accommodations and an oxidizer tank 

cradle. The cardboard tube will provide support while winding due to its rigid structure. Cardboard was also chosen 

Table 4.2. High Temp Epoxy Selection.  
 ARMC-526-N ACP Composites EZ-Lam HT 

Specific Gravity (gm/cc) 1.23 1.19 

Mix Ratio by Weight 1:1 100:33 

Viscosity (cps) 8500 5000 

Cure Time (Hours) -- 32-56 

Tensile Strength (psi) 2800 57000 

Flexural Strength (psi) 18000 102000 

Compressive Strength (psi) -- 64000 

Glass Transition Temp 572˚F 400˚F 

Price per gallon $276.75 $185.00 
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as a winding substrate as it will be easy to remove when 

winding is finished. By submerging the dried body and 

cardboard tubes in water, the cardboard will become soft and 

can be torn away, leaving only the body tube. The filament 

will be coated in epoxy as it is wound around the cardboard 

tube. While one layer of carbon fiber is strong enough to 

support the loads placed on the system, two layers will used. 

The second layer will have the same +45°/-45° weave and 

will be used to cover any inconsistencies the filament winder 

may have produced, as well as make the body tube easier to 

attach to other components such as the fins and bulkheads.  

4.1.5. Electronics Bay 

To manufacture the electronics bay an internal structure of 

aluminum rods must be constructed. Three support rods will be 

attached to the bulkheads that enclose the electronics bay. The rods 

will be attached using a screw and slot system. Welding of the rods 

will be avoided as the process is very difficult and can produce 

large errors in shape and straightness. The rods are meant to serve 

as the load bearing structure and will result in very little force being 

placed on the actual polycarbonate. The polycarbonate cover is to 

be purchased as a sheet then will be thermoformed. Metal molds 

that are 0.007in larger in radius than the actual needed size of the 

polycarbonate will be created, due to mold shrinkage. The 

polycarbonate will be heated to in between 350˚F-360˚F at which it 

will become malleable3. When the polycarbonate has reached the proper temperature it will be placed over the 

molds and left to cool. The polycarbonate will then be cut out of the sheet to the appropriate size. 

4.1.6. References 

1. Corum, J. M., R. L. Battistie, K. C. Liu, and M. B. Ruggles. "Basic Properties of Reference Crossply 

Carbon-Fiber Composite." OAK RIDGE NATIONAL LABORATORY (2000): 10-18. Web.ornl.gov. 

LOCKHEED MARTIN ENERGY RESEARCH CORP, Feb. 2000. Web. 15 Oct. 2014. 

<http://web.ornl.gov/~webworks/cpr/v823/rpt/106099.pdf>. 

2. Ashby, M. F. "Ch. 11 Sec 5 Sandwich Structures." Materials Selection in Mechanical Design. Burlington, 

MA: Butterworth-Heinemann, 2011. N. pag. Print. 

 

Figure 4.4. Filament winder. 

 

 

Figure 4.5. Model of Electronics Bay. 
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3. Curbell Plastics Inc. "MAKROLON Polycarbonate Sheet." MAKROLON Polycarbonate Sheet (2003): n. 

pag. Curbellplastics.com. Bayer Corp, 2003. Web. 25 Oct. 2014. 

<http://www.curbellplastics.com/technical-resources/pdf/polycarbonate-fab-guide-makrolon.pdf>. 

4.2. Bulkheads 

4.2.1. Bulkhead Constraints 

The function of the bulkheads is to connect each section of the carbon fiber body tube to one another while 

occasionally performing a structural function such as bearing the loads of the recovery system and thrust. The 

bulkheads must be able to bear the loads from launch and recovery, be lightweight to achieve the maximum 

potential of the rocket, must have a high toughness, and must not be compromised by heat transfer from the 

combustion chamber. The bulkheads must also have reasonable cost and machinability. 

4.2.2 Material Selection 

       The desired properties the material of the bulkhead must fit are 
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Table 4.4 Desired Material Properties table 

Material Property Name Desired 

Property 

Description 

Strength High  High Yield strength to withstand all possible forces 

without plastic deformation so that the Bulkhead can be 

used more than one time if worst case scenario occurs. 

Density Low Low density correlates with low weight and is of vital 

importance for the rocket, as long as strength is not 

sacrificed 

Toughness High/Medium High toughness allows the material to absorb energy and 

by deformation without failing. This also valuable for 

crack propagation from potential imperfections in the 

manufactured material. 

Cost Low Low cost is a consideration because it can add up over all 

of the Bulkheads.  

Coefficient of Thermal 

Expansion 

Low Low values for the coefficient of thermal expansion 

would result in a material that does not expand when 

exposed to heat. Expansion of the material could causes 

stresses on the bulkhead or the connections and could lead 

to failure if it were major enough. 
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To determine what material to select, Ashby charts were used: 

 

Figure 4.7: Linear Thermal Expansion         

 Coefficient vs. Young’s Modulus 

 

 Figure 4.8: Fracture toughness vs. Young’s Modulus 

 

         Figure 4.6: Young’s Modulus vs Density 
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 The main categories to select from are ceramics, composites and alloys. Ceramics can sustain large stresses 

and heat, but are very brittle. Composites have a high strength to weight ratio, but composites are not a material that 

is easily manufactured into a bulkhead and cannot be structurally sound if the composite has holes in the material. 

Metal alloys seem to be the best choice due to alloys having a high toughness, high strength, medium to high 

density, and a decent coefficient of thermal expansion. Aluminum 6061 was selected for the material of the 

bulkheads due to its high strength to weight ratio and strength to thermal expansion coefficient ratio. Aluminum also 

accepts coatings very well, has a high resistance to corrosion and is extremely machinable. 

4.2.3 Recovery Bulkhead 

The function of the recovery bulkhead is to provide the 

connection point between the parachute and the rest of the 

rocket. This means that the recovery bulkhead must be able to 

withstand the forces of the parachute during deployment and the 

pressure from the parachute ejection charges. The primary design 

constraint other than that the bulkhead must be strong enough for 

parachute deployment, is accessibility. The recovery bulkhead 

will be composed of three parts: the main plate section, 

containing the U-bolt for the parachute and ejection charges, a 

standard male bulkhead and a bottom flange. The bottom flange 

will be connected to either the electronics bay structure or 

epoxied onto the body tube. The main plate will then connect to 

the bottom flange via vertical bolts that will have a preload on it 

to ensure that the connection to the rest of the rocket will not fail. 

The standard male bulkhead will be epoxied onto the recovery 

body tube section and will connect to the main plate section via 

radial screws. This arrangement allows easy access to the 

electronics bay, and the main plate section to properly install the 

ejection charges.  

 

4.2.4 Thrust Bulkhead 

The function of the thrust bulkhead is to sustain the forces due to thrust, to provide access to engine plumbing 

and to be the location of the fill lines. By having the fill lines in the bulkhead, we eliminate the need to drill holes 

into the body tube which would drastically decrease the strength of the body tube. The thrust bulkhead system 

composes of three parts: two standard female connection bulkheads and the main fill line bulkhead. The standard 

female connection bulkheads will be epoxied onto the tail fin body tube section and the oxidizer tank body tube 

 

Figure 4.9: Recovery bulkhead 
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section. The main fill line bulkhead will connect to a flange of the 

combustion chamber via vertical bolts and will carry the bulk of the 

thrust force. The main fill line bulkhead will overlap the flange and 

will connect to the tail fin bulkhead via radial screws and then connect 

to the oxidizer tank section via radial screws. This arrangement allows 

the tail fin section to easily come off without taking apart the engine, 

and also allows easy access to the plumbing and fill lines. The 

primary concern with this bulkhead is the amount of heat coming 

from the combustion chamber. If this proves to be an issue, a high 

temperature thermal insulating coating will be applied to the 

aluminum bulkheads. 

 

4.2.5 Joint Bulkheads 

The joint bulkheads are the bulkheads that are permanently 

epoxied to the body tube and connect the different components of the 

recovery and thrust bulkhead systems. These are known as the 

standard male/ female bulkheads mentioned above. These are located at the ends of each body tube segment and will 

be permanently epoxied to the tube. The joint bulkheads will connect other bulkheads by having key inserts attached 

to one of the bulkheads, which will allow the bulkhead to have threading for the screws to be in place. The Tail cone 

bulkhead is a smaller version of the standard male bulkhead, due to the fact that it carries only the load of the tail 

cone. The Fire bulkhead is another modified version of the standard male bulkhead, which is located at the top of the 

oxidizer tank. The difference between the fire bulkhead and the standard male bulkhead, is that the fire bulkhead 

will have a flange where a non-flammable insulator will be attached. 

4.2.6 Stress Analysis 

 

Table 4.5 Stress Analysis Results 

Bulkhead Force Applied Lowest Factor of Safety 

Recovery Bulkhead 320 lbs 5.24 

Standard Female 750 lbs 123.242 

Thrust bulkhead 750 lbs 28.1 

 1500 lbs 14.05 

 3000 lbs 7.85 

 

 

Figure 4.10: Thrust Bulkhead 
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The main focus of area when it comes to stress analysis is the recovery bulkhead and thrust bulkhead system. 

The thrust bulkhead will experience a peak thrust of about 750 pounds force from our hybrid engine. A higher peak 

thrust of 1500 pounds force is expected if an O class solid motor is used. The recovery bulkhead will have to 

withstand the opening force of the parachute, which has been calculated at 168 lbf. upon opening. All of the stress 

analysis was computed using a factor of safety of two.                           

   

 

Figure 4.11: Thrust Bulkhead with 3000 lbf Thrust 
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All of the stress analyses for the recovery and thrust bulkhead were analyzed without the effects of having a 

preloaded bolt clamping down on the recovery plate and thrust flange, respectively. Therefore the factors of safety 

can be assumed to be higher once the effects of the preload is in place. All of the stress analyses were done using the 

stress analysis tool in SolidWorks. 

    

             

              

 

Figure 4.12: Recovery Bulkhead with 770 lbf distributed along U-bolts 

 

Figure 4.13 : Thrust bulkhead with 1500 lbf. Thrust 
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4.2.7 References 

1 “Lehigh University.” Tribology Laboratory at: Resources. N.p., n.d. Web. 20 Oct. 2015. 

<http://www.lehigh.edu/~intribos/resources.html> 

2 Sapa Extrusions North America. Extruded Aluminum Alloy 6061. Rosemont, IL.:Sapa Extrusions North 

America, 2012. Web. http://www.sapagroup.com/pages/522574/Brochures/Alloy%206061-Rev2012.pdf 

4.3 Extremities 

4.3.1. Nosecone Design 

The design requirements for the nose cone are to make the outside as smooth as possible and to keep the weight 

as low as possible while still maintaining its structure during the course of the flight. 

4.3.2. Nosecone Materials 

 The nosecone will be made out of carbon fiber and aluminum. A carbon fiber shell will be formed and a 

hollow aluminum cylinder will serve as a slip joint between the nosecone and the body tube.  

4.3.3. Nosecone Manufacturing 

 Both the nosecone and the tailfins will be wrapped in carbon fiber using a vacuum assisted resin infusion 

process. This process involves wrapping dry carbon fiber (no epoxy) either into or around a mold. A flow media is 

then put around the dry carbon fiber and a vacuum bag us put around that. The vacuum bag has two fittings in it, one 

to draw the air out and another to draw epoxy onto the part. When a proper seal has been confirmed the fitting for 

epoxy is opened and begins to saturate the carbon fiber with epoxy. Once the part is 100% covered in epoxy both 

lines are closed and the curing process begins. The curing process varies depending on the epoxy. Vacuum resin 

infusion creates parts that are dimensionally more accurate, stronger and decreases manufacturing error when 

compared to a hand layup process. 

 

  The nosecone mold will be made from a 

wood cylinder that will be turned down slightly smaller than the 

desired size. The vacuum infusion process will then be followed 

to wrap the mold in carbon fiber. Once the nosecone is fully 

cured the mold will be removed to keep the weight as low as 

possible. A thin aluminum cylinder will then be turned down to 

the inner diameter of the nosecone on half of the cylinder and 

 

4.14 Solidworks model of the nosecone 

http://www.sapagroup.com/pages/522574/Brochures/Alloy%206061-Rev2012.pdf
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the other half will be turned down to the inner diameter of the body tube. The cylinder will then be epoxied to the 

nosecone, this will give the nosecone the ability to be ejected out when the parachute deploys.   

4.3.4. Tail Fin Design  

The design requirements of the fins are to maintain structural integrity at high speed, be smooth, light and 

removable. The structure of the fins will be a sandwich design to make them stiffer while still keeping the weight 

low. In order to keep fin flutter to a minimum the fins must be as stiff as possible, this was the driving factor with 

the material section. The boundary of velocity before structural failure is described by equation 4.3.1. This equation 

will be used to insure that the catastrophic velocity of the fin is well above the maximum velocity of the rocket. 

𝑉𝑓 = 𝑎√

𝐺
1.337𝐴𝑅3𝑃(𝜆 + 1)

2(𝐴𝑅 + 2) (
𝑡
𝑐

)
3  

(4.1) 

4.3.5 Tail Fin Materials 

 The fins will be made with three different materials, balsa wood, aluminum, and carbon fiber. The skin of 

the fin will be a carbon fiber wrap with a balsawood core and an aluminum block in the base. The carbon fiber will 

serve as the main structure of the fin while the balsa wood is there to keep the fin shape during the manufacturing 

process. The aluminum block in the base will serve as the connection point to the tail cone. Epoxy requirements are 

a mixed viscosity under 600 centipoise [cP], high strength, and maintain its structure at an elevated temperature. 

4.3.5. Tail Fin Manufacturing 

 The individual parts for the fins will be made by CNC mill and CNC router, then the parts will be 

assembled and wrapped in carbon fiber by hand. CNC is used to minimize manufacturing error and make parts that 

are dimensionally accurate to within one thousandth of an inch. Once the all of the parts are made, the assembly 

process will be as follows. The balsa wood core will be epoxied into the aluminum base block. When that has cured 

the fins will be wrapped carbon fiber using the vacuum resin infusion process described above. 
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4.3.6. Tail Cone Design 

 The design requirements for the tail cone are to be able to mount the fins on it, maintain structure from the 

corrective moment of the fins at elevated temperatures, to keep the outside as smooth as possible and to keep weight 

as low as possible. 

4.3.7. Tail Cone Materials 

 The tail cone will be made out of Aluminum because it has a high strength to weight ratio at the elevated 

temperatures that are expected from the combustion chamber. Aluminum is also and excellent conductor of heat, 

this property will transfer the heat from the engine through the entire tail cone allowing the entire tail cone to 

maintain its structure. 

4.3.8. Tail Cone Manufacturing 

 The tail cone will be turned from an 8.5” diameter aluminum cylinder to the desired dimensions by a CNC 

lathe to ensure accuracy and lower the possibility for manufacturing errors. 

 

4.15 Solidworks Fin assembly and cross section 
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4.3.9. References 

1. Howard, Zachary. "How to Calculate Fin Flutter Speed." Peak of Flight. Apogee Components, 19 Jan. 

2011. Web. 13 Oct. 1015. 

4.4. Recovery 

4.4.1. Single Deployment 

 The intent of the recovery system is to 

provide significant deceleration of the rocket 

body after it reaches apogee in order to provide 

safe conditions for a safe and timely landing. A 

successful landing will ensure the rocket body 

can be recovered and refurbished for a 

subsequent launch. This will be accomplished 

using a “single-deployment” system, consisting 

of one parachute canopy that will be reefed in 

order to produce two different terminal velocities.

 The canopy will be deployed shortly 

after apogee in a reefed state, which will cause 

the canopy to have a relatively small diameter. 

The purpose of reefing the canopy is to produce a 

small drag force, allowing the rocket body to 

decelerate to a desired terminal velocity while 

 

4.16 Solidworks model of the tail cone with one fin attached 

 

Figure 4.17. Configuration of Recovery System 
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maintaining a stable, straight path. The reefing line will be severed closer to the ground level during the 

rocket’s final descent phase. The cut reefing line will allow the parachute to fully inflate to its maximum 

diameter, creating a large drag force and, in turn, a large deceleration. This deceleration will allow the 

rocket to come to a relatively small terminal velocity to ensure that the ground will impart a non-damaging 

force upon landing. 

4.4.2. Canopy Design 

When considering canopy shapes and designs, several factors were examined including the coefficient of drag, 

the opening force, and relative stability of each shape. Other important factors include simplicity of design and ease 

of fabrication.  

The main categories of commonly used parachute types are solid and slotted canopies. Solid canopies consist of 

a continuous area constructed from fabric gores, or panels, and sometimes include a central vent hole. Because of 

these characteristics, solid canopies are less porous and therefore have a higher coefficient of drag. This makes a 

solid canopy ideal for a main parachute. Slotted canopies usually included multiple horizontal vents and a higher 

porosity than solid canopies, and this makes a better canopy for high speed drogues due to the lower coefficient of 

drag. 

When considering the design of this recovery system, only solid canopies were considered due to the reefed 

nature of a single canopy. The multiple vents in slotted canopy would be difficult to manufacture due to the 

excessive stitching, and the same effect of a lower coefficient of drag can be obtained through reefing. 

 

 

 

 

 

 

 

 

 

Table 4.6. Common Parachute Shapes & Their Characteristics[8] 

 CD Range Opening 

Force Coefficient 

Range of 

Oscillation(s) 

[angle] 

Flat Circular 0.75 – 0.80 1.7 ±10⁰ to ±40⁰ 

Hemispherical 0.62 – 0.77 1.6 ±10⁰ to ±15⁰ 

Tri Conical 0.8 – 0.96 1.8 ±10⁰ to ±20⁰ 

Annular 0.85 – 0.95 1.4 < 6⁰ 
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The “tri conical” shape was chosen, which is essentially a canopy with three distinct sections, a central vent 

hole, and suspension lines between each gore, or panel, along the canopy’s skirt. These canopy characteristics 

produce a shape with a high coefficient of drag, which is ideal for this system as previously stated. While the 

annular canopy geometry has a lower opening force is relatively more stable, the manufacturing and incorporation of 

reefing would be difficult due to the tangling of shroud lines and shallow height of the canopy. The tri conical shape 

is relatively stable and the comparative opening force poses no problem in the design of the parachute if a stronger 

material is used for the canopy.  

A rendering of the tri conical shape is presented below in Figure 4.2. Also, the layout of the gore used to 

construct the shape is shown; the dimensions of the gore are based off the diameter of the parachute, which is 

dependent on total surface area. 

 

     

 While the central vent hole increases porosity of the canopy, it is essential for the stability of the design. 

Without some porosity, an unstable, asymmetrical wake in the airflow would be produced behind the canopy, 

decreasing the stability and making the motion of the parachute unpredictable. This asymmetrical wake can be seen 

in figure (a) of the diagram below: 

    

Figure 4.18. Tri Conical Canopy  
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 As shown in part (b) of Figure 4.4, some porosity in the canopy is favorable in order to produce a uniform 

 

Figure 4.19. Effect of Canopy Porosity on Airflow[1] 

 

 

Figure 4.20. CD vs. Descent Velocity[1] 
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wake and therefore, a more stable linear 

 There exists a negative correlation between descent velocity and the coefficient of drag, shown in Figure 

4.4, which will be taken into account in steady-state descent calculations that will determine the size of the 

parachute. Using this relationship, a coefficient of drag of 0.96 was chosen for the terminal velocity of 25 ft/s. Due 

to the empirical nature of drag coefficients, this value will be used as a preliminary predictive tool only, and testing 

of the tri conical shape will need to be conducted in order to determine an experimental coefficient that is more 

accurate.  

 The “steady-state” of the parachute system occurs when the drag force produced by the system is 

equivalent to the weight of the system, resulting in a terminal velocity (this occurs after canopy deployment and 

inflation):  

𝐷𝑇 = 𝑊𝑇 ⟹  𝐷𝑃 + 𝐷𝐿 = 𝑊𝑃 + 𝑊𝐿  

(4.2) 

(𝑡𝑜𝑡𝑎𝑙 𝑑𝑟𝑎𝑔) = (𝑡𝑜𝑡𝑎𝑙 𝑤𝑒𝑖𝑔ℎ𝑡) ⟹ (𝑝𝑟𝑎𝑟𝑐ℎ𝑢𝑡𝑒 𝑑𝑟𝑎𝑔) + (𝑙𝑜𝑎𝑑 𝑑𝑟𝑎𝑔)

= (𝑝𝑎𝑟𝑎𝑐ℎ𝑢𝑡𝑒 𝑤𝑒𝑖𝑔ℎ𝑡) + (𝑙𝑜𝑎𝑑 𝑤𝑒𝑖𝑔ℎ𝑡) 

(4.3) 

 The total drag and total weight can be broken down into the individual drags and weights acting on the 

parachute and load (rocket body). However, in these preliminary calculations, the drag of the rocket body/load will 

be neglected due to its insignificance in relation to the high drag of the parachute, and the weight of the parachute 

will be included under a preliminary assumption for dry weight. 

 If the total weight of the system is assumed, and a target terminal velocity is selected, the standard drag 

equation can be rearranged to solve for the surface area needed to produce the terminal velocity:  

1

2
∗ 𝜌 ∗ 𝑣2 ∗ 𝐶𝐷 ∗ 𝑆 = 𝑊𝑇  

(4.4) 

𝑆 =
2 ∗ 𝑊𝑇

𝜌 ∗ 𝑣2 ∗ 𝐶𝐷

 

(4.5) 
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 This equation, along with the drag coefficient and operational air density associated with the main canopy, 

has been use to determine preliminary surface areas of the canopies (a total dry weight of 120 lbs has been 

assumed), and the results are presented in Table 4.2.: 

  

 In most parachute applications, the airflow entering the parachute canopy is affected by the “fore-body”, 

the airborne load that is attached to the parachute; in this case, the fore-body is the rocket body. If the diameter of 

the fore-body is comparable, or even larger than the diameter of the parachute, the parachute will experience a 

significant decrease in drag, due to the large wake behind the fore-body; this makes it hard to determine the actual 

drag force that the parachute is producing. In this application, the drag decrease due to the fore-body wake will be 

neglected, because the ratio of the diameters of the rocket body and the main parachute is very low. In the case of 

the reefed state of the parachute, this ratio is higher, but the use of relatively long suspension lines will allow the 

drogue to sit further back from the rocket body, and receive proper airflow [1].   

   

Table 4.7. Canopy Surface Area 

 
Air Density 

(slugs/ft3) 

Dry 

Weight (lbs) 

Desired 

Terminal 

Velocity (ft/s) 

Drag 

Coefficient 

Surface 

Area (ft2) 

Main 

0.001267 

(@ 20000 ft 

AGL) 

120.0 25.0 0.96 ≈ 303 

 

 



      10 

10 

 

 The “unsteady-state” off the parachute system occurs during the deployment and inflation stages of the 

parachute canopy. During this time, the canopy and suspension lines are subject to shock forces, due to the rapid 

inflation of the canopy: 

 This inflation shock force occurs during steps (b)-(c) in Figure 4.4.4. A as shown above, and in steps (e)-(g) 

in Figure 4.5. B; the inflation process as a whole occurs very quickly. Calculating this force is very important in 

order to ultimately determine the strength of the canopy material and suspension lines. 

 To quantify the inflation shock force, the following equation is used:  

𝐹𝑋 = 𝐶𝐷 ∗ 𝑆 ∗ 𝑞 ∗ 𝐶𝑋 ∗ 𝑋1 

= (𝑑𝑟𝑎𝑔 𝑐𝑜𝑒𝑓𝑓𝑖𝑐𝑖𝑒𝑛𝑡) ∗ (𝑐𝑎𝑛𝑜𝑝𝑦 𝑠𝑢𝑟𝑓𝑎𝑐𝑒 𝑎𝑟𝑒𝑎) 

∗ (𝑑𝑦𝑎𝑛𝑚𝑖𝑐 𝑝𝑟𝑒𝑠𝑠𝑢𝑟𝑒) ∗ (𝑜𝑝𝑒𝑛𝑖𝑛𝑔 𝑓𝑜𝑟𝑐𝑒 𝑐𝑜𝑒𝑓𝑓𝑖𝑐𝑖𝑒𝑛𝑡) ∗ (𝑓𝑜𝑟𝑐𝑒 𝑟𝑒𝑑𝑢𝑐𝑡𝑖𝑜𝑛 𝑓𝑎𝑐𝑡𝑜𝑟) 

(4.6) 

“q,” the dynamic pressure, is equivalent to: 
1

2
∗ (𝑎𝑖𝑟 𝑑𝑒𝑛𝑠𝑖𝑡𝑦) ∗ (𝑣𝑒𝑙𝑜𝑐𝑡𝑖𝑦)2[this variable was also present in 

the steady-state drag equation]; the opening force coefficient “CX” can be procured from the table in section 4.4.1; 

“X1”, the force reduction factor, is a function of the loading of the canopy (weight of load/canopy surface area), and 

can be found from Figure 4.6.: 

 

a)                                                                                                    b) 

Figure 4.21. Canopy Inflation Process (a & b) [1] 
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 As the recovery system is comprised of a single, reefed parachute, a simulated tri conical “drogue” was 

used for calculating the shock force that will be felt on the parachute in the first reefed stage. A drogue surface area 

was calculated using the equations 4.2: 

Table 4.8. Simulated Drogue Surface Area 

 
Air Density 

(slugs/ft3)  
Dry 

Weight (lbs) 

Desired 
Terminal Velocity 
(ft/s) 

Drag 
Coefficient 

Surface 
Area (ft2) 

Simulated 
Drogue 

0.001267  

(@ 20000 ft 
AGL) 

120.0 100.0 0.96 ≈ 20 

 

 Using the information in Table 4.4.3 above, and the values previously stated to determine inflation shock 

force, an approximation for the force of the reefed canopy can be found in Table 4.4.4. 

Table 4.9. Canopy Inflation Shock Force 

Drag 
Coefficient  

Surface 
Area (ft2) 

Opening 
Force 
Coefficient 

Force 
Reduction 
Factor 

Inflation 
Shock Force 
(lbs) 

 

 

Figure 4.22. Force Reduction Factor vs. Canopy Loading[1] 
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0.96 (@ 
100 ft/s) 

20 1.80 0.4 ≈ 162 

 

4.4.3 Reefing Technique 

 When considering reefing techniques, two main categories were considered: gore reefing and the slider 

method. The important factor when designing the reefing system was ease of incorporation into the canopy design 

and overall recovery system. The slider method consists of a ring that slides along the suspension lines to restrict the 

parachute’s diameter in order to provide a reefed effect. This moving of the ring proved to be a more difficult 

method of reefing than the gore reefing method, which consists of mid-gore reefing and skirt reefing. Mid-gore 

reefing also proved challenging when considering manufacturing methods as it called for more stitching and seams. 

Therefore, it was decided skirt reefing would be used, which is comprised of a reefing line run through a point along 

the skirt for the entire circumference of the parachute. This line will be pulled tight in the reefed stage as to shorten 

the parachute’s inflated diameter. This causes a decreased coefficient of drag, which will allow the reefed parachute 

to bring the rocket to a determined descent velocity of 100 ft/s. The reefing line will be connected to the recovery 

bulkhead, circle the skirt through the gore connection points, and then connect again to the recovery bulkhead. A 

rendering of this idea can be shown in Figure 4.7: 

 Inside the rocket body, above the recovery bulkhead, 2-4 line cutters will be placed along the reefing line in 

order to sever it upon reaching the determined altitude. Multiple line cutters allows redundancy in the case some do 

not completely sever the reefing line and to ensure the rocket will not land at a damaging speed. Once the reefing 

line is severed, the pressure inside the parachute canopy will allow full inflation, and the reefing line will slide along 

the connection points within the gores, which will most likely be grommets. The fully inflated parachute will then 

not be restricted in any way by the reefing line, and it will act as a typical main parachute to bring the rocket to a 

determined terminal velocity of 25 ft/s. 

     

 

Figure 4.23. Skirt Reefing[2] 
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4.4.4 Canopy Packing 

 The packing process is as follows: 

Step 1 - Open and either lay out your parachute or "fluff" your chute. 

Step 2 - Grab all the shroud lines and organize the gores (panels) of the parachute. 

Step 3 - Fold over the gores on both sides towards the center. You want to organize the parachute until it is about 

15% of the diameter of the parachute size. For a 42" parachute it should be about 5" wide. 

Step 4 - "Z" fold the parachute into thirds. 

Step 5 - Pull the fabric on the underside of the parachute around the edge and onto the top. You want the fabric on 

the underside smooth with no folds. 

Step 6 - Form a crease down the center of the folded parachute. 

Step 7 - Bring the shroud line bundle up the crease to about 1/3 or the distance from the end. IMPORTANT - Do not 

bring the shroud lines to the very end. It is important that you do not allow a shroud line to wrap over the end of the 

parachute and possibly result in a tangle! 

Step 8 - Now start to wrap the shroud lines around the chute. Note that the back of the parachute is smooth with the 

material all pulled around into the crease. 

Step 8 (cont) - As I wrap note how the lines are not twisted. IMPORTANT: Don't just grab the lines and wrap these 

like you might wind kite string on a spool. Each wrap will result in a twist! 

Step 8 (cont) - Stop when you reach the end of the chute. IMPORTANT: Note that the shroud lines stop wrapping 

and exit on the same end as the lines connect to the canopy. Again this assures that they can't wrap over the end of 

the chute. 

Step 9 - Now you can pack your parachute into the airframe. First put in your parachute protector. I use a Fruty 

Chute Nomex protector for this. 

Step 10 - Z-Fold your shock cord. IMPORTANT: Do not coil up the lines. They can form a knot.  

Step 11 - Once you have Z-folded the shock cord wrap a little rubber band around it - loosely so it comes off easily. 

It's there to keep the cord organized. 

Step 12 - I like to put the cord in first since most of it will be below the open chute. 

Step 13 - Now push in the parachute with the shroud lines going in last. Make sure the protector folds around the 

parachute evenly so protection is maximized around the entire chute. 

Step 13 (cont) - Be sure the last wrap of shroud lines goes in cleanly. If you have to force the parachute in you 

probably have a problem. 
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Step 14 - Now quick-link the parachute to your rigging and nose cone. Pop on your nose cone and you’re DONE! 

4.4.5. Deployment Overview 

The deployment of the recovery system will occur as follows: 

1. The rocket reaches apogee and momentarily comes to a turning point in its vertical motion. 

2. Shortly after the rocket reaches this turning point, the flight computer will set off the first 

ejection charge, deploying the single main canopy in a reefed state to simulate a drogue. 

3. The reefed parachute will exit the rocket body and inflate to a diameter smaller than the 

nominal diameter, allowing the rocket to come to a terminal velocity of 100 ft/s. 

4. The system will fall 23,500 feet over an elapsed time of 235 seconds. 

5. At an altitude of 1,500 feet, the flight computer will set off the second ejection charge to sever 

the reefing line. 

6. The canopy will fully inflate, allowing the rocket body to come to a terminal velocity of 25 

ft/s. 

7. The system will fall 1,500 feet over an elapsed time of 60 seconds. 

8. The system will impact the ground and await retrieval. 

The total projected time of descent, ignoring any environmental factors, will be 295 seconds. Deployment of the 

parachute in a reefed state immediately after apogee is crucial to keep the rocket form entering unrestrained free-fall. 

The initial descent velocity of 100 ft/s was chosen because it was within 75-150 ft/s range recommended by ESRA 

as it will provide a relatively rapid descent without creating the conditions for excessive opening forces on the 

canopy. The second descent velocity was chosen to be 25 ft/s in order to maintain a low ground impact force for the 

rocket’s landing. The parachute reefing line is to be cut at 1,500 feet to provide ample time for full inflation of the 

canopy and to remain in the altitude range designated by ESRA to ensure a shorter descent time. 

 

4.4.6. Materials Overview 
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4.4.7. Canopy Materials 

 Dernier 210 Ripstop Nylon was chosen due to it’s rated strength of 130 lbs/ in, lightweight nature, and 

credibility in the parachute industry. 

4.4.8. Shroud Line Materials 

 The shroud lines will be made of Kevlar cord. Kevlar cord will provide adequate strength and flexibility. 

4.4.9. Canopy Sewing 

 The canopy will be manufactured as follows4: 

1. Each gore will be cut from the fabric using a pattern pinned to the fabric.  

2. The gores will then be hemmed by folding each edge over twice and sewn with a flat felled seam in order 

to provide structural support (two seams through 4 layers of fabric). When manufacturing large parachutes, 

basting with a large stitch by hand or machine is recommended first to prevent the material from slipping, 

then proceeding with the flat felled seam.3 

3. The gores will then be pieced together using seam bias tape along each seam and spanning the arc length of 

the canopy. Sew the seams with zig zag seams on either side of the panel. 

Table 4.10. Recovery System Materials 

Part Material Rated Strength 

Parachute Canopy 
Ripstop Nylon, 210 

Dernier 
130 lbs/ in^2 

Shock cord Kevlar Cord 1500 lbs 

Suspension Lines Kevlar Cord 500 lbs 

Swivel Steel 1580 lbs 

Stitching Nylon Thread, Size 92 15 lbs 
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4. After all the gores are pieced together, shroud lines are to be sewn over the seam between each gore using 

multiple zig zag stitches. After shroud lines have been sewn to canopy, place a piece of cross grain tape and 

repeated stitching. 

5. Using a grommet gun, add grommets to each seam between the gores that will be used to hold the reefing 

line. 

6. Hem the skirt of the parachute using cross grain tape and flat felled seams. 

7. Hem the vent of the parachute using gross grain tape and flat felled seams. 

 

4.4.10.  Seam Testing 

 Seam testing will be performed in order to validate the structural integrity of the manufactured canopy and 

ensure a usable parachute. These tests will be performed using a tensile test machine, in which two pieces of Dernier 

210 Ripstop Nylon will be sewn together, and pulled in opposite directions from the ends of the fabric. Test pieces 

will be of 3 different cuts of material: bias, weft, and warp. Multiple types of seams will also be tested, such as: the 

felled seam, double zig-zag, and medium sized pitch seam. Variations in the test pieces will allow the strongest seam 

type to be determined and then implemented into the canopy design. 

4.4.11. Incorporating Reefing 

 Incorporating reefing into the tri conical canopy design will be done using a grommet gun and a grommet 

along each seam between two gores. The seams between the two gores will be reinforced with seam binding or cross 

grain tape, making it an ideal location for the placement of the grommets as opposed to the midpoint of a gore. An 

appropriate reefing line will be decided once the empirical drag coefficient is determined in order to obtain an 

accurate strength needed for the reefing line. 

                  

Figure 4.24. Flat Felled seam and other Styles 
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4.4.12.  Deployment Canisters 

 Deployment of the recovery system will be achieved utilizing black powder held in canisters, and covered 

by a rubber cap. The rubber cap will allow adequate pressure build-up within the canister to ensure a more complete 

combustion of the black powder; In turn, there will be an appropriate pressure build-up within the recovery chamber 

in order to deploy the parachute. Figure 4.9 show how the ejection charge will be set up inside the recovery 

department:

 

4.4.13.   Deployment Testing 

Multiple tests will be performed in order to ensure proper functioning of the recovery system. Ground testing of 

the ejection charges utilizing the black powder will be conducted in order to establish reliability of the charges. 

Also, a scale model of the tri conical parachute will be constructed in order to gain experimental values of 

coefficient of drag in the reefed and dis-reefed states, as well as test for the structural integrity of the design and 

manufacturing. 

 

 

4.4.14.  References 

      

 

Figure 4.25. Ejection Charge Configuration and Recovery Bulkhead 

 

 

Figure 4.26. Canopy Test in Wind Tunnel 
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5 Electronics and Instrumentation 

 Objective 

For this project to be successful a number of electronic systems are being designed. The goal of these systems is 

to provide a safe and reliable method to test, launch and recover all aspects of the rocket, while also collecting 

invaluable flight data, supporting payload and abiding by strict standards.   

 Flight Critical Electronics 

5.2.1 Introduction 

The purpose of the Flight Critical Electronics is to provide a data feed of the rocket’s location, speed, and 

acceleration to the ground base as well as control the firing of the recovery system. Last year the G-Wiz flight 

computer was used in conjunction with the BigRedBee GPS transmitter in order to cover these functions, however, 

the E&P Team decided not to use this flight computer again for SRT-3 due to its programming set up difficulty and 

unreliability due to system crashes. Therefore, we decided to select a new flight computer based on reliability, user-

friendliness (programmability), pyrotechnic outputs, price, and the ability to accurately record altitude. The selection 

after looking at different brands came down to the AIM Xtra produced by Entacore Electronics or the TeleMega by 

Altus Metrum  which both had more than the minimum two pyrotechnic channels required and also included various 

sensors and features to record the data necessary. The Aim Xtra was decided upon as the primary flight computer to 

be used in the rocket due to the higher degree of user programmability, reliable connection, and flexibility with 

battery setups and sensor inputs and outputs. Furthermore, the AIM Xtra includes the AIM Base and an attractive 

free flight data analysis GUI for the same price as the single microchip of the TeleMega.   

5.2.2 Primary Flight Computer and Vehicle Tracking  

The primary flight computer is going to be the AIM Xtra by Entacore Electronics along with the AIM Base 

component which acts as a ground data packet receiver. Due to the operating frequency of 433 mHz the AIM Xtra 

along with the subsystems associated with the flight computer will be operated by a licensed Ham radio technician 

from the Electronics and Payload team. The AIM Xtra will operate by achieving a preflight satellite lock and await 
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launch in order to begin data packet transmission which includes sensor values and GPS coordinates. Once launch 

has been achieved the AIM Xtra will maintain a data packet feed to the AIM Base connected to a laptop on the 

ground and will fire a drogue parachute charge at apogee then a main charge at a predetermined altitude. After 

descent and landing the AIM Xtra will continue to transmit data packets until recovered. If after landing data packets 

are dropped due to interference the recovery team will follow the last received data packet with GPS coordinates. 

The AIM Base relies on a link budget of around 145 dB and will output data to the AIM Xtra software in real-time 

data tracking.  

5.2.3 Secondary Flight Computer 

The secondary flight computer will be the StratoLogger CF by PerfectFlite which will serve as a redundant 

safety system in the event the AIM Xtra fails to control recovery properly. The StratoLogger CF will function 

independently from the AIM Xtra and will provide data to compare for a more accurate flight analysis. 

5.2.4 Flight Computer and GPS Transmitter Application 

In preliminary connectivity testing with last year’s BigRedBee GPS transmitter in the rocket carbon fiber 

assembly we discovered an RF blind-spot can occur when the BigRedBee faces the opposite direction of the 

receiving radio. This RF blind-spot causes dropped data packets and in order to prevent such a blind-spot and data 

gap the BigRedBee will be replaced with the AIM Xtra’s GPS transmitter functionality which is regarded as a more 

reliable system. The primary flight computer and altitude logger will be the AIM Xtra with the StratoLogger CF 

acting as its redundant system and altitude logger in order to record an accurate altitude as well as ensure correct 

deployment of the parachutes.  

 Flight Sensors and Instruments 

5.3.1 Introduction 

The E&P team has been asked to implement and accommodate a number of systems by other sub-teams, one 

such system is the ability to record and transmit various engine sensor data from the rocket to the ground launch 

station. We have developed a preliminary design to accommodate this function; only after extensive testing during 

static engine tests and solid rocket motor flight tests, will this system be implemented into the final hybrid rocket. 

5.3.2 Sensors 

There will be three data streams for operation of the rocket. Two of the data streams will be between the launch 

vehicle and launch operations computer and the third will be between the launch box and launch operations 

computer. These streams will be used to gather data on the rocket before and during flight, as well as to issue 

commands and perform certain pre-flight operations. This two way communication will be handled through 

MATLAB with commands being sent from the serial monitor of the program and the data received un-manipulated.  

The propulsion team desires information on how the engine is performing from ignition to burn out.  The 

information gathered from testing the scaled down prototype engine will help the propulsion team to redesign a 

better final engine, and data gathered from testing the final engine will help them to develop a thermodynamic 
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model specific to our engine.  As such, the rocket and launch pad this year will contain a variety of sensors to gather 

data deemed necessary or helpful during both flight and pre-flight operations. This will be useful for both testing and 

operational use of the rocket. For testing, temperature readings are a good indicator of the performance of the 

engine, so the temperature near the exit of the nozzle, on the outside of the combustion chamber, and in the 

plumbing will be measured. XC series Ceramic braided thermocouples are able to function at temperatures up to 

2200o F and will be used to measure the temperatures on the nozzle and on the outside of the combustion chamber. 

The propulsion team also desires information on the mass flow rate of the oxidizer and the total mass flow rate. To 

address this, two Omega pressure transducers will be purchased to be used during engine tests. A 1,000 psi 

transducer will be used to measure combustion chamber pressure and a 2,000 psi transducer will be used to measure 

the pressure of the oxidizer in the plumbing. During flight, the rocket itself will contain an inertial measurement 

unit, two pressure sensors, and two to three thermocouples. The IMU will be a 9DOF Razor IMU[1] and includes a 

triple-axis accelerometer, triple-axis magnetometer, and a triple-axis gyroscope. It will be used to find an 

acceleration profile for the rocket as a whole. The pressure sensors will be PX171-2.0KSGIs[2].  One of the pressure 

sensors will be placed inside of the nitrous oxide tank and the other will be placed in the combustion chamber. The 

thermocouples will be high temperature K type placed on the outside of the combustion chamber, with the 

possibility of one thermocouple used in the oxidizer tank. 

Two microcontrollers (which will both be Arduinos) will be used to read in the sensor data and send the data to 

the launch operations computer. This data transmission will be done through the use of XBees. With a dipole 

antenna on both ends of the stream, the XBees have a range of 9 miles at 100 kbps or 4 miles at 200 kbps.  

5.3.3 Engine Safety Shutoff 

The propulsion team has asked for the ability to perform an automatic emergency safety shutoff. Though there 

are still many unknowns where this is concerned, and thorough testing will be required of the sensors before any 

such system is implemented, a plan has been made for how this would be implemented. Once again, this system is 

contingent upon accurate and “non-jumpy” data from the sensors and will not be utilized if thorough testing does not 

prove to be completely successful.  

If the IMU detects that the rocket has fallen below a certain orientation, the servo would be used to close the 

oxidizer tank and effectively turn off the engine. This would ensure that if the rocket were to lose stability, it would 

not begin to accelerate horizontally or downwards under propulsion from the engine. The temperature and pressure 

sensors would behave similarly with too high of a temperature or pressure triggering a safety shutdown as well. 

Though the effectiveness of these shutdowns is somewhat dependent on the speed of propulsion’s ball valve and 

servo motor combination, this extra layer of safety has no drawbacks other than a premature shutdown. This would 

still allow the recovery of the rocket and would simply mean a lower maximum altitude.  

5.3.4 Computation and Data Storage 

As there is no need for the lots of computation on the vehicle, the BeagleBones from last year are being 

replaced with Arduinos. This will greatly decrease the energy requirements of the vehicle while still allowing data 
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collection, storage, and simple computations. Though the Arduinos will be sending their data to the flight operations 

computer, they also have the ability to store their data to an external drive. The easiest and most popular way to do 

this is through the use of an SD card. Though the data will be continually transmitted and saved off of the vehicle, it 

is possible that if something goes wrong or if LOS is lost that communication could break down. In this case, it 

would be preferential to have the data stored on to the SD card instead of being lost.  

With all of the sensors and communications that will be going on, it is of some concern that a single Arduino 

would have some difficulty accomplishing everything it needed to. As a result of this, we have opted to include a 

second Arduino to split the load. It is not expected that a third would be required because of the limited 

computations being done onboard the vehicle, but thorough testing will be done to ensure that two Arduinos will be 

more than enough for the requirements. 

5.3.5 Power Needs 

As there have been no “game-changing” developments in the world of batteries over the past year, much of the 

information is the same as in the SRT 2’s PDR. That is, that weight and heat resistance are the two primary concerns 

in choosing a battery. With this in mind (along with a very heavy energy density of 50.8 Watt-hours per pound), 

lithium-iron-phosphate was once again selected as the best of the battery types.  

With this and the fact that the energy requirements are significantly less than last year’s (due to the elimination 

of the BeagleBones), the battery from last year will supply more than enough energy (at 60 Watt-hours) and will 

give us plenty of extra power should any team decide they need extra equipment. For example, propulsion will be 

using a servo to open their ball valve but have not decided on a specific servo yet. Not only this, but they have asked 

us to remain flexible in terms of power requirements while they continue to work towards a design of their system.  

Table 5.1. Flight Component Power Consumptions 

Sensor 
Voltage Current Power 

Quantity 
draw Draw (ea) Draw (ea) 

Thermocouple 3.3 V Negligible N/A 3 

IMU1 3.3 V 1.2 mA 3.96 mW 1 

Strain Gauge 5 V 100 mA 500 mW 2 

Pressure Transducer 12 V 10 mA 120 mW 2 

Arduino 5 V 25 mA 125 mW 2 

XBee 3 V 95 mA 285 mW 2 

Flight Total: - 461.2 mA 2.064 W 12 
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 Avionics Mounting Bay 

5.4.1 Introduction 

The primary two concerns for the rocket electronics bay are the reliable securement of electronics for the 

duration of the flight, and the ability to remove the electronics bay from the rocket body at will. The second 

requirement is due to the flight critical systems requiring manual checks before each flight to ensure that wiring and 

components are securely attached per competition rules. An additional benefit of this is allowing the easy 

modification to electronics should our mission parameters or goals change. 

5.4.2 Assembly 

Our mounting bay, seen in Figure 5.1, will be overall fairly 

similar to the previous design from SRT 2, as it worked quite well, 

and is once again applicable to the current rocket design. We will 

construct the bay with the goals of portability, security of 

components and accessibility at the forefront. To meet these goals 

the design will consist of three horizontally placed circular bases 

connected by three bolts, with a several vertically and perpendicular 

placed platforms to actually mount our electronics.  

The three horizontal circular disks are stacked vertically and 

separated into two sections, the upper and lower. These platforms are 

½ inch thick, and will be machined after construction to include 

holes for passing through wiring, and which will be dependent on the 

final layout of electronics included. The bases are also likely to include the smaller batteries mountings as they do 

not depend on axial direction like more of our sensitive electronics. The bases will be secured by running three low 

strength steel ¼ inch threaded rods through each base, which are held using hex locknuts above and below each (18 

in total, 6 per rod).  

The bottom sections primary purpose is to house the large battery that will power the rockets more needy 

components. The battery will likely be secured using three zip ties, two over the battery and through the lower base, 

and another perpendicular to the first two attached to an all through bolt. This process is simple, cheap and most 

importantly reliable, having proven satisfactory on the last flights. One major change to the design is in this lower 

section, and is the addition of two vertical (perpendicular to the base) boards on either side of the battery. These 

boards will provide additional mounting space if needed, as well as proving more security for the battery.  

The top section will consist of a vertical (perpendicular to the base) platform similar to the two in the lower 

section, but will be placed in the middle of the bases, along their diameter. This plate will serve as the mounting wall 

for all of our needed electronics such as microcontrollers, GPS, IMU etc. Holes will be machined in the wall for 

wires similar to the bases.  

  

Figure 5.1. Electronics Mounting Bay 

CAD Model 
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The entire bay will be mounted to the rocket as it was last year, attaching to three vertical beams forming a 

“cage which the bay will attach to using brackets and screws that will likely include dampening materials to reduce 

vibrations. 

 Electronic Launch Operations Control 

5.5.1 Introduction 

In order to safely control the rocket before and through launch, an electronic control system was designed that 

will allow the operator to remotely send commands to and return live data from the rocket while it is on the ground. 

The IREC Advanced Category rule 7.2.2.1 requires all personnel to be 400 feet away, but the system must be 

capable of operating over a minimum safe distance of 1500 feet for testing, as specified in the Tripoli Rocketry 

Association Safe Launch Practices Distance Table.  Arming and disarming the launch circuitry is required by IREC 

Advanced Category rule 3.4 and 7.2.2.2 such that the controller cannot provide any ignition signal to the rocket 

without first being armed. At minimum, the controls must allow filling and draining of the onboard nitrous tank, 

filling and draining of helium to pressurize the onboard tank, filling of an oxygen sting for starting, the actuation of 

either 2 quick disconnects (nitrous and helium) or one quick disconnect and a three-way selecting valve, signaling 

an onboard valve to open and start nitrous flow, and an igniter. To correctly fill the onboard nitrous tank with the 

correct amount of nitrous and helium, pressure, temperature, and load cell data will be streamed back live to the 

operator. A live, low frame-rate video feed is required to observe the vents and confirm the separation of quick 

disconnects, which will also be redundantly monitored by continuity across the connection. The launch control 

system must be in constant, reliable, and bandwidth-capable communication with the operator’s station. This year, 

more focus has been placed on creating a modular, expandable control system that will continue to meet the needs of 

future SRT teams and not require both AC and DC power to operate (as SRT-2’s did), all while reusing as much 

legacy SRT-2 hardware as possible. 

5.5.2 Launch Relay System 

The Launch Relay System is the critical piece of launch hardware designed to meet these goals for SRT-3, and 

should offer more modularity and reliability than the previous launch controller. Initially, wired control was desired 

for the Launch Relay System to eliminate the wireless communication anomalies experienced last year, but the 1500 

feet safety range required by Tripoli made this option prohibitively expensive. Category 6, BNC, serial, and USB 

connectors all work only under a range of about 300 feet. 

Category 6 cable alone is rated for lengths up to 328 feet, so an 

Ethernet extender must be used at both ends to give 1500 feet of 

range. Two appropriately sized extenders and 2000 feet of 

Category 6 cable would total $1970.98. A wireless system built 

using long-range xbee modules and external antennas can 

provide a much more streamlined solution with a 9 mile range 

for only ~$200 (discussed in detail in section 5.3.2). Future tests 

 

Figure 5.2. Ximico Mega 2560 R3 

Microcontroller 
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will be required to ensure the reliability of the wireless system, but a wired option is not an economically viable 

option. 

The Launch Relay System is based around the simple and reliable Arduino microcontroller boards. The Ximico 

Mega 2560 R3 (Figure 5.2) was chosen because it provides the IO capabilities (54 digital inputs/outputs, 16 analog 

inputs, 4 serial connections) as an Arduino Mega, but costs less and has more favorable reviews. This board leaves 

plenty of channels for future expansion, and provides a simple programming atmosphere that works well with xbee.  

The two helium AC solenoids from the SRT-2 control system will be replaced with two Extreme-Pressure 

Stainless Steel Solenoid Valves (McMaster-1190N23), which operate at 24 VDC and withstand up to 3000 psi, 

which is safe for the inert helium gas at 2000-2500 psi. Though this solution is not ideal, it is the best option because 

it allows everything from last year except 2 relays and 2 solenoids to be reused, including 2 car batteries. This was 

more economical than converting the remainder of the system to AC, and will not significantly complicate the 

Launch Relay System.  

The relay control circuit diagram in the Launch Relay 

System is shown in Figure 5.4. The Ximico controller is 

powered by a separate 9V battery, so that failure of either car 

battery will not disable the controller. Dual N-Channel 

FQP30N06 MOSFETs rated at 60 V, 20 A (Figure 5.3) switch 

the ground of the relays to activate individual channels, and 

incorporate standard 10K Ω pull-down and 100 Ω safety 

resistors to protect the controller and transistor.  System 

arming is achieved by a separately controlled relay that 

switches the (+) side of every other relay to either +12V 

(armed), or ground (disarmed). Two 28VDC relays with 12 

volt coils provide the higher switching ability for the new helium solenoids. Only 5 of the 9 12V auto relays must be 

purchased because they are the legacy SRT-2 model, and all relays feature a 1000V flyback diode to prevent damage 

to themselves and the switching transistors. To provide 24V for the two helium relays, a second car battery is 

connected in series, and this system could easily power more 24V devices, if needed. A Duralast Ignition Coil will 

be used to control the planned spark ignition system, which operates at 12V and discharges ~50,000V when it’s 

transistor switches on for a few milliseconds and then switches off.  

 

Figure 5.3. Dual N-Ch. MOSFET FQP30N06 
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Table 5.2 shows an itemized breakdown of the components needed to upgrade the control channels on the 

Launch Relay System. Pressure transducers, thermocouples, and an ArduCam OV2640 unit must also connect to the 

sensor inputs on the Ximico to provide an accurate mass measurement during filling and confirm that the rocket is 

ready for launch. These systems will require knowing propulsions exact monitoring needs, so they will continue to 

be refined throughout the year. A proof of concept to test the ability of a 5V Arduino UNO channel to switch a 12V 

auto relay through a MOSFET was developed and tested successfully. The relay clicked back and forth for several 

seconds and gave audible confirmation that the circuit worked. 

Table 5.2. Launch Box Upgrade Cost for Control Channels 

 

Quantity Description Unit Cost Total Cost Notes

2 Extreme Pressure Stainless Solenoid Valve - 3000 psi, 1/4", 24 VDC, 0.4 A 109.08$                     218.16$                           DC Conversion

2 28VDC (12V Coil) 10A Relay 1.16$                          2.32$                                DC Conversion

1 Ximico Mega 2560 R3 14.19$                       14.19$                              

5 G8JN Auto Relays 3.72$                         18.60$                              

2 1N4007 Diode - 10 pk 0.71$                         1.42$                                

1 FQP30N06L N-Channel MOSFET (60V 30A) 0.95$                         0.95$                                

4 STS2DNF30L Dual N-Ch MOSFETs (30V 3A) 0.81$                         3.24$                                

2 100 Ohm Resistor - 10 pk 0.61$                         1.22$                                

2 10K Ohm Resistor - 10 pk 0.61$                         1.22$                                

1 Duralast Ignition Coil 19.99$                       19.99$                              New Ignition System

NET TOTAL 281.31$                           
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Figure 5.4. Launch Relay System Circuit Diagram 
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5.5.3 Ignition Control 

New propulsion requirements dictated a need for a new electric starting system. Two options are currently being 

developed: ignition system control from the Launch Relay System, and ignition system control through an onboard 

flight computer. Providing ignition control from the Launch Relay System would require a 5V signal wire (and a 

ground) from the Ximico to directly signal the onboard nitrous valve to open, and then fall off as the rocket 

launches. The 50,000 V igniter pulse must also be connected to the rocket and fall away, but the distance between 

metallic paths in the rocket may simplify the connection by relying on the resistance of the air. The second ignition 

option would give the benefit of facilitating a future restartable engine and eliminate the need for external break 

away wires, but would require careful research to make sure ITAR regulations are not violated. Two other design 

challenges are fitting the relatively heavy ignition coil (1.6 lbs.) onboard, and electrically isolating the radio 

distortion produced by the sparking process from the sensitive flight electronics. The integration of an electrical 

ignition system will be continually evaluated with the Propulsion Team over the next few months.  

 Wiring 

All wiring and connections of electronics, with an emphasis on those which are critical to flight function, will 

adhere to all rules outlined by ESRA. All wire will be copper stranded, insulated and a minimum of 22 AWG, unless 

a component requires the use of a smaller size wire. All wire connections will be terminated in a screw-type or 

crimp-type terminal block, or soldered to components which have built-in solder terminals. All individual wires will 

be fastened together, through the use of zip-ties, to make a wiring harness. The harness will be secured to the 

electronics mounting bay. Any splices, joints or exposed wires will be insulated with clear heat shrink tubing. 

6 Payload 

 Objective 

The  purpose  of  the  payload  is  to  attain  a  scientific  or  technical  achievement  which  is  unique  to  this 

competition. Furthermore, per rules outlined for this competition, the payload is to weigh a minimum of ten pounds 

and remain independent of the rocket dynamics. The Team this year had once again been offered a unique 

opportunity to not only fulfill the requirements of above, but also help another university, while simultaneously 

providing actual engineering knowledge to the community. 

 Design Considerations 

Our payload this year is planned to be a CubeSat designed and built by a separate team of students in the 

aerospace engineering department at the University of Sydney, led by Dr. Xiaofeng Wu. We will collaborate with 

this team to test some properties or components of the satellite which has yet to be determined. This team will ship 

the CubeSat to us, and some of the key student designers are expected to join us at the ESRA competition this 

summer. 

To achieve the objective outlined for the payload, several aspects were considered in the conceptual design. In 

addition  to  adhering  to  the  rules  set  in  place  by  the  competition,  the  payload  is  expected  to  be  of  quality 
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constructability--given our budget and time considerations, and to provide scientific merit which is relevant to the 

Texas A&M Rocketry Team specifically, all while remaining within the size constraints determined by the structure. 

One area that we wanted to pay particular attention to was making our payload as unique as possible, as this both 

makes our project stand out and raises awareness, but also is more likely to garner our team additional points at the 

competition.  

Many tests are of merit to a satellite entering orbit, however as our rocket does not reach that altitude, some 

limits are inherently placed on us. With this in mind, we have chosen to focus on forces that the satellite will 

experience during a full scale launch which our rocket is capable of simulating. Many testable properties should 

present themselves, chief among them vibrations, which we attempted to measure last year, and we will attempt to 

measure again. We are planning on doing this with piezoelectric sensor purchased last year, and the Arduino 

platform. We are also planning on measuring other parameters that the Australian team wishes to know, which will 

be coordinated and designed as the teams move forward. 

7 Safety 

 

 Objective 

Safety is of utmost importance to the members of the Sounding Rocketry Team. Due to the risks associated with 

constructing a high altitude rocket, team member safety will be addressed at all stages of the design, testing, and 

launch. The Team Director is designated as the team Safety Engineer. His main responsibility is to ensure the team 

performs all building and testing in a safe manner that follows university and department regulations. This includes 

coordinating necessary training for all team members. In addition, the Safety Engineer is responsible for completing 

any Project Safety Analysis (PSA) or Standard Operating Procedure (SOP) documents for any engine recovery 

launch, or other testing where it is deemed necessary. It is his/her responsibility to be familiar with the PSA’s and to 

be prepared with a course of action in the event of an emergency. 

 PSA’s and SOP’s 

Prior to creating a PSA, the test procedures need to be outlined and approved by an appropriate faculty member. 

Each team member involved in the test will be required to be familiar with all nominal and contingency procedures. 

Once the test procedures have been approved, the PSA documentation can began. Once the necessary signatures are 

obtained, a copy of the PSA should be mailed to the TAMU Environmental, Health, and Safety Department 

(EHSD). Once this step has been completed, the team is cleared for testing. There should be at least one copy of the 

PSA on site during testing in the event of an emergency.  

In addition to the PSA’s, each applicable vehicle component will have its own Standard Operating Procedure 

(SOP) that outlines how it is to be used and operated under normal operating conditions. Contingency and 

troubleshooting procedures should also be attached for team reference. This will prevent systems from being used in 



      29 

29 

 

ways that could lead to unsafe situations. Moreover, all hazardous materials will be accompanied by the appropriate 

Safety Data Sheets (SDS).  

 Training Requirements 

All team members are required to complete the necessary safety training. In order for students to use machine 

shop tools, training in the safe handling of machinery, tools, and materials is required. In addition, basic lab safety is 

expected at all times when students are in the lab. This includes but is not limited to closed toe shoes worn at all 

times, safety googles and gas masks worn when working with airborne particles, and no food or drink brought into 

the lab space. Furthermore, all students will complete the fire extinguisher and hearing conservation training 

provided by TAMU EHSD. This training is imperative for launch and engine testing. The Safety Engineer is 

responsible for coordinating all team training and for ensuring that the lab and testing sites remain safe for team 

members at all times. Any safety concerns will be brought to the Safety Engineer and appropriate faculty and 

handled immediately. 

 Testing Authorization 

This year the testing authority for the team will be the Houston prefect of the Tripoli Association. Measures are 

already in place to make sure that the proper individuals in the organization attend the preliminary and critical 

design reviews and are familiar with the overall design of the rocket before utilizing their fields in late spring.  

The testing authority for the engine testing remains to be Dr. Pollock since he maintains responsibility for the 

Riverside campus facilities. Last year we organized and made sure that all safety precautions were taken during 

engine testing so that nobody was hurt. While we have a spotless record, additional safety measures will still be 

taken to further insure that no harm comes to any of the members or the facilities in which we use. 

8 Registration and Finances 

 Registration Deadlines 

The primary Intercollegiate Rocket Engineering Competition (IREC) application deadline is October 30th, 2015. 

The team must submit a $100 deposit along with the completed project proposal. Updated team progress reports are 

to be submitted on December 4th, 2015 and February 5th, 2016. The following documents must be submitted to the 

Experimental Sounding Rocketry Association (ESRA) on May 6th, 2016: team registration, school participation 

letter, technical project briefing, technical analysis report, propulsion test report, recovery test report, non-COTS 

pressure vessel test report, hazard analysis and risk assessment report, updated progress report, and range tracking 

and recovery information. 

 Budget 

The budget for this year is set at $21,000:  $10,000 of which is allocated for building costs (divided among each 

sub-team:  structures, propulsion, electronics, payload, and dynamics and operations), $2,000 of which is allocated 

towards infrastructure development, $1,500 for IREC registration fees, and an estimated $7,500 set aside for 
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transportation and lodging expenses which will cover the team’s to travel to Utah for the competition (subject to 

change). Table 7.1 shows a breakdown of the budget for the 2015-2016 year. 

 

 Fundraising 

In the past, the largest contributors to fundraising have been sponsorships, with $1,000.00 donated from the 

Dwight Look College of Engineering (Engineering Academic and Student Affairs account) thus far. There are four 

levels of sponsorship offered this year, and they are as follows: 

 Silver - $500 Sponsorship 

 Recognition on our website 

 Maroon - $1,000 Sponsorship 

 Recognition on our website 

 8 square-inch area on rocket displaying company logo 

 Gold - $2,000 Sponsorship 

 Recognition on our website 

 16 square-inch area on rocket displaying company logo 

 Platinum  - $3,000+ Sponsorship 

 Recognition on our website 

 32 square-inch area on rocket displaying company logo 

 5 inch rapid-prototype scale model of our rocket 

Table 7.2 shows the current sponsorships. 

Table 7.1 Projected SRT Budget for 2015-2016 

Projected SRT Budget for 2015-2016 

Structures $2,500.00 

Propulsion $4,000.00 

Electronics $2,000.00 

Payload $500.00 

Dynamics and Operations $1,000.00 

Infrastructure Development $2,000.00 

IREC Fees $1,500.00 

Transportation/Lodging $7,500.00 

Total Need: $21,000.00 
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Profit shares are quite common, but they do not generate much money for the team. They do, however, raise 

awareness of our organization which might lead to further contributions. We will conduct a profit share with Grub 

Burger Bar – a local establishment. 

The team also participates in Kyle Field cleanups, and accepts personal donations of both finances and 

materials. $1,500.00 was raised through painting the ejector at the National Aerothermochemistry Lab (NAL-

TAMU), and Entacore Electronics has given the team a 40% discount on a GPS flight computer – equivalent to 

$170.00 in savings. Table 7.3 outlines a list of all the funds raised thus far, as well as the results of the remaining 

budget from last year's team. 

 

All funding efforts thus far yield a grand total of $3,370.00, leaving only $17,630.00 left to be raised.  

We also plan to contact several aerospace and engineering related companies, as well as many of the top 100 

successful Aggie companies for the 2015 year. We plan on applying for grants such as the Tumlinson ’51 

Leadership Fund and the Student Engineering Council's funding offered at the end of each semester, funding 

through the Student Organization Finance Advisory Board, the Texas Alliance Foundation Grant, and awards made 

available through other private companies. 

Table 7.2 Current Sponsorships for 2015-2016 

Current Sponsorships for 2015-2016 

Texas A&M College of Engineering $1,000.00 

 

Table 7.3 Funds Raised Thus Far 

Funds Raised Thus Far 

Remaining '14-'15 Budget $200.00 

Sponsorships $1,000.00 

Monetary Equivalent of Donated 

Materials 
$170.00 

Team Earnings $1,500.00 

Kyle Field Cleanups $500.00 

Profit Shares TBD 

 


